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Abstract

Andrews, Stephen Arthur. MASc. Royal Military College of Canada, 11 May, 2009.
Measurement and Computation of Losses from a Transonic Turbine Vane Cascade.

Supervised by Dr. William D. E. Allan and Dr. Ali Mahallati.

Experimental and numerical studies were performed on a cascade of first stage nozzle
guide vanes operating at transonic speeds. Detailed pressure measurements on the
blade surface and in the wake, as well as oil film and schlieren flow visualization were
combined with computational predictions to examine the aerodynamic performance
of the blades. Experimental data were collected between Mach 0.3 and 1.3, while
computational predictions extended this range to Mach 1.7.

The analysis was focused on examining the behaviour of the blade losses with
increasing Mach number. The losses reached a local maximum at an exit Mach
number of unity and experienced a subsequent decrease or plateau with increasing
Mach number. The computational results showed that this transonic loss plateau
existed until the exit Mach number exceeded 1.4.

Investigations into the aerodynamic performance of the blade showed that the base
pressure had a strong influence on the behaviour of the losses. At supersonic speeds,
shocks and shock-boundary layer interactions were also important contributors to the
loss.

Steady and unsteady computational models showed excellent qualitative and fair
quantitative agreement with the experimental data. Empirical correlations for the
losses under-predicted the experimental measurements.

The behaviour of the aerodynamic losses from the nozzle guide vane under in-
vestigation showed that there was a potential advantage, or at least no penalty, to
operating at exit Mach numbers higher than the design value of 1.16. If the mating

rotor could tolerate the increased inlet speed, this could result in an increase in stage

v



efficiency.

Keywords: Turbine, Stator, Transonic, Loss, Base Pressure, Shock-Boundary Layer

Interaction, Wake, Experiment, Computational Fluid Dynamics



Resumé

Andrews, Stephen Arthur. MASc. College militaire royal du Canada, 11 May, 2009.
Measure et évaluation numérique de la perte d’une grille d’aube fize de turbine en

régime transsonique. These dirigée par Dr. William D. E. Allan

Des études expérimentales et numériques ont été réalisées sur une grille d’aube représentant
les aubes fixe d’une turbine a des vitesses transsoniques. Des mesures de pression
détaillées sur la surface de l'aube ainsi que dans son sillage, en plus de méthodes

de visualisations comme la strioscopie et les films d’huile sont combinés avec des
prédictions numériques pour examiner la performance aérodynamique des aubes. Les
données expérimentales furent recueillies entre Mach 0.3 et 1.3 alors que les prédictions
numériques étendent cette gamme jusqu’a Mach 1.7.

L’analyse se concentra sur la correlation des pertes en fonction du nombre de
Mach Croissant. Les pertes ont atteint un maximum at un nombre de Mach unitaire
a la sortie et dépendamment de la définition de perte employée, montre une diminu-
tion suivie d'un plateau & mesure que le nombre de Mach augmente. Les résultats
numériques démontrent que le plateau s’étend jusqu’a Mach 1.4

L’étude de la performance aérodynamique de ’aube montre que la pression du
culot a une forte influence sur les pertes. Aux vitesses supersoniques, 'interaction
entre les ondes de choc et la couche limite contribue aussi grandement aux pertes.
Les pertes engendrées dans la couche limite non décollé ont tres peu d’effets sur la
performance de I'aube.

Les modelles numériques, stationnaire et instationnaire, montrent un excellent ac-
cord qualitatif et une bonne représentation quantitative des données expérimentales.
Les corrélations empiriques pour les pertes sous-estiment les valeurs expérimentales.

La perte aérodynamique résultant des aubes étudiées montre qu’il y a un avantage

ou du moins aucun desavantage a utiliser ces aubes a des nombres de Mach a la sortie

vi



plus grandes que celle de conception soit 1.16. Si le rotor couplé a ce stator peut

accepter cette vitesse accrée, ceci pourrait accroitre le rendement de 1’étage.

Mots clés : Turbine, Stator, pertes transsoniques, pression du culot, Interaction

onde de choc couche limite, Sillage, expérience, Dynamique des fluides numériques

vil



Table of Contents

Acknowledgments . . . . . .. ...

Abstract . .
Resumé . .

List of Tables

List of Figures . . . . . . . . . . . . ..
List of Symbols . . . . . . . .. ...
Chapter 1. Introduction . . . . . . .. . .. .. ... ... ... ... .
Chapter 2. Literaturereview . . . . . . . . . . . ... ... .......
2.1. Sources of Loss in Transonic Blades . . . . . . . . ... ... ... ..
2.1.1. Boundary Layer Loss . . . . ... ... ... . ... .....

2.1.2.  Shocks and Shock Boundary Layer Interaction . . . .. . ..

2.1.3. Base Pressure . . .. .. ... ... ... ... ... .....

2.1.4. Trailing Edge Cooling Injection . . . . . . . .. .. ... ...

2.1.5. Secondary Losses . . . . . . ... ... ... .

2.1.6. Combined Effects . . . ... ... ... ... .. .......

2.2. Overview of Previous Studies on Transonic Vanes at NRC . . . . ..
2.2.1.  Highly Loaded Turbine Test Rig (HLTTR) . . ... .. ...

2.2.2.  Transonic Planar Cascade . . . . . . ... ... ... .....

2.3. Correlations to Predict Losses . . . . . . . . . . ... ... .. ....
Chapter 3. Experimental Setup and Measurement Methods . . . .
3.1. Experimental Facility . . . . .. .. ... o000
3.1.1.  Test Section . . . . . .. ...

3.1.2. Blade Geometry . . . . .. ... ... L.

3.2. Instrumentation . . . . . . . . ...
3.2.1.  Vane Surface Static Pressures . . . . . . .. ... ... ....

3.2.2.  Sidewall Static Pressure . . . . . . . . ... ... .. .....

3.2.3. Transonic Flow Probe . . . . . . . .. ... ... ... ....

3.2.4.  Temperature Measurement . . . . ... .. ... ... ....

3.2.5.  Pressure Measurement . . . . . . . ... .. ... ... ....

3.2.6. Linear Traverse Mechanism . . . . . ... ... ... ... ..

3.3. Data Acquisition . . . . .. ...
3.4. Flow Visualization . . . . .. . .. . ... ... . ... ... .....
3.5. Finger Probe . . . . . . . ...
3.5.1.  Other designs of Transonic Pressure Probes . . . . . . . . ..

viil

il
v
vi

X1



3.5.2. ProbeDesign . . . . .. ... 42

3.5.3. Calibration Method . . . . . . .. .. ... ... ....... 43
3.5.4. Calibration Results . . . . ... ... ... ... ....... 44

3.6. Data Reduction Procedures . . . . . . ... ... ... ... ..... 51
3.6.1. Mach Numbers . . . . . . . ... ... ... ... ... .. o1
3.6.2.  Finger Probe Data Reduction . . . .. .. ... ... .... 53
3.6.3. Mass-Averaged Loss Calculation . . . . ... ... ... ... 54
3.6.4. Mixed-Out Profile Loss Calculation . . . . .. ... .. ... 55
3.6.5. Entropy Generation . . . . . .. ... ... .. ... ..... 56

3.7. Flow Quality within the Transonic Linear Cascade . . . . . . . . . .. 56
3.7.1.  Periodicity/Uniformity . . . .. ... ... ... ... .... 57
3.7.2.  Suction Surface Static Pressures . . . .. ... ... .. ... 62
3.7.3. Flow Two Dimensionality . . . . . . . ... ... ... .... 65
3.7.4. Probe Interactions . . . . . . ... ... ... ... ... 68
Chapter 4. Computational Setup . . . . . ... ... ... ... ... . 71
4.1. Governing Equations . . . . . . . .. ..o oL 71
4.2. Numerical Model . . . . . . .. ... .. ... ... 72
4.3. Boundary Conditions . . . . . . . . . ... 74
4.4. Solution Procedure . . . . . . . ... ... .. ... ... ... 74
4.5. Mesh Quality . . . . .. ... . 7
4.5.1. Grid Independence study . . . . ... ... ... 7

4.6. Post-Processing . . . . . . . . ... oo 79
Chapter 5. Results . . . . . . . .. ... ... ... . ... ... 80
5.1. Surface Flow Visualization . . . . . .. ... .. ... ... ...... 81
5.1.1.  Subsonic Flow at Ma=0.7 . . . . . ... .. ... .. .... 82
5.1.2.  Transonic Flow at Ma=1.16 . . . . . .. .. ... ... ... 82

5.2. Passage Flow Visualization . . . . . . . .. . ... ... ... ..... 84
5.2.1.  Experimental Schlieren Images . . . . . . .. ... ... ... 84
5.2.2.  Computed Schlieren Images . . . . . . .. .. ... ... ... 87

5.3. Blade Surface Static Pressure Distribution . . . . . . ... ... ... 91
5.3.1. Subsonic Flow . . . .. .. ... .. ... ... ........ 92
5.3.2. Transonic Flow . . . . . . . . ... ... ... ... ... ... 96

5.4. Base Pressure . . . . . . . . . . ... 101
5.5. Wake Traverses . . . . . . . . . . . .. 105
5.5.1.  Outlet Flow Angles . . . . . ... ... ... ... ...... 106
5.5.2. Total Pressure . . . . . . . . ... ... ... .. ... ..., 112
5.5.3.  Mass-Averaged and Mixed-Out Results . . . . ... ... .. 113
Chapter 6. Discussion . . . . . . . . ... ... ... ... ........ 116
6.1. Transonic loss Behaviour . . . . . . . ... ... ... .. ... .. .. 116
6.1.1. Confirming the Behaviour of the Losses . . . . . . . ... .. 116
6.1.2. Possible Causes for the Minimum . . . . . . .. ... .. ... 117
6.1.3.  Shocks and Shock Boundary Layer Interaction . . . .. . .. 117
6.1.4. Base Pressure . . . ... ... ... .. ... ... ..., 119

X



6.2. Empirical and Computational Predictions of Losses . . . . . . . . .. 122

6.2.1. Empirical Predictions of Total Pressure Loss Coefficient . . . 123

6.2.2. Empirical Predictions of Base Pressure Coefficient . . . . . . 123

6.2.3. Predictive Ability of Computational Methods . . . . . . . .. 124
Chapter 7. Conclusions and Recommendations . . .. ... ... .. 128
7.1. Recommendations for Future Work . . . . . .. ... ... ... ... 129
References . . . . . . . . . . .. 132
Appendix A. Flow Quality in Transonic Calibration Tunnel . . . . . 137
A.1. Calibration Tunnel Design . . . . . . .. ... .. ... ... ..... 137
A.2. Flow Quality in the Calibration Tunnel . . . . . . . .. .. ... ... 138
A.2.1. Test Section Mach Number . . . . . . ... ... ... .... 139

A.2.2. Angle History . . . . .. .. . ... .. .. ... ..., 142
Appendix B. Probe Accuracy . . . . . ... ..o 146
Appendix C. Uncertainty Calculations . . . . . . ... ... ... ... 149
C.1. Uncertainty in Measurements . . . . . . . . . . .. .. ... ..... 149
C.2. Uncertainty in Mass Averaged Quantities . . . . . . . . . .. ... .. 150
C.3. Uncertainty in Local Mach Number . . . . . . .. .. ... ... ... 151
C.4. Uncertainty in Axial Velocity-Density Ratio . . . . . . ... ... .. 152
Appendix D. Supplemental Figures . . . . . .. ... ... ... .... 153
D.1. Traverses . . . . . . . . . . e 153
D.2. Blade Loadings . . . . . . . . . ... 156
D.3. Computed Passage Flow Visualization . . . .. ... ... ... ... 161
Appendix E. MatLab Data Reduction Code . . . . . . . .. ... ... 170
E.1. Mixed out Profile Loss . . . . . . . . . . ... ... ... ... ..., 170
E.2. Mass Averaged Loss . . . . . . . . . ... ... 171
E.3. Finger Probe Analysis . . . . . . .. ... ... ... ......... 172
Appendix F. Coordinates . . .. .. ... .. .. ... ... ....... 178
F.1. Blade Geometry . . . . . . . . . .. 178
F.2. Static Pressure Taps . . . . . . .. . . . ... ... ... 181
Curriculum Vitae . . . . .. . . ... ... 182



Table 3.1.
Table 3.2.

Table 4.1.
Table 4.2.

Table 5.1.
Table 5.2.
Table 5.3.

Table 6.1.
tions

Table A.1.
Table C.1.

Table F.1.
Table F'.2.

List of Tables

Blade geometry . . . . .. ..o 33
Losses from north and south passages . . . . . . .. .. ... ... 62
Exit Mach numbers for CFD simulations . . . . . . ... ... .. 76
Inlet low angles . . . . . . . ... 76
Test Conditions . . . . . . . .. ... 80
Variations of Reynolds number . . . . . . . .. ... ... ... .. 81
Shock position determined by various methods . . . . . . . .. .. 97

Comparison of experiments to computational and empirical predic-

..................................... 122
Effect of Different Reference Pressures . . . . . . . ... ... .. 140
95% confidence intervals on measured quantities . . . . . . . . .. 149
Blade coordinates . . . . . .. ... 178
Blade surface pressure tap locations . . . . . . .. ... ... ... 181

x1



Figure 1.1.

Figure 2.1.
Figure 2.2.
Figure 2.3.
Figure 2.4.
Figure 2.5.
Figure 2.6.
Figure 2.7.
Figure 2.8.
Figure 2.9.

Figure 3.1.
Figure 3.2.
Figure 3.3.
Figure 3.4.
Figure 3.5.
Figure 3.6.
Figure 3.7.
Figure 3.8.
Figure 3.9.

Figure 3.10.
Figure 3.11.
Figure 3.12.
Figure 3.13.
Figure 3.14.
Figure 3.15.
Figure 3.16.
Figure 3.17.
Figure 3.18.
Figure 3.19.
Figure 3.20.
Figure 3.21.
Figure 3.22.
Figure 3.23.
Figure 3.24.
Figure 3.25.

Figure 4.1.
Figure 4.2.

List of Figures

Pratt and Whitney Canada PT6A42 gas turbine[49]

Effect of Reynolds number on boundary layer loss [20]
Effect of pressure gradient on boundary layer loss [20]
Trailing edge shock structure[22]
Oblique shock-boundary layer interaction model [63]
Schlieren image of shock boundary layer interaction [61]

Sieverding correlation . . . . .. ...
Loss breakdown by source . . . . . . ... ... ... .. ...

Transonic loss behavior

Previous data from the transonic linear cascade [10] . . . . . ..

Layout of a generic linear cascade

Overall view of the transonic linear cascade . . . . . . . . .. ..
Blade geometry . . . . . ...

Static tap locations

Data acquisition system . . . . . . . ... ... ...
Photograph of linear traverse mechanism . . . . . . . .. ... ..

Method of alignment of transonic flow probe

Procedure for applying oil-pigment mixture to blades . . . . . . .

A view of the NRC finger probe
Plot of calibration coefficients (before cascade tests)
Plot of calibration coefficients (after cascade tests)

Variations in K, between calibrations
Static probe behaviour at zero flow angle

Shock attachment Mach number . . . . . . . .. ... ... ...
Mach number, no probe . . . . . ... ... L.
Mach number, with probe . . . . . . . .. ... o000

Inlet sidewall static pressure measurements
Midspan inlet traverses at Ma = 1.16
Exit sidewall dynamic pressure coefficients

Mid-passage Traverses with optimal tailboard positions . . . . . .

Difference in suction surface static pressures atMa = 1.16
Blade surface flow pattern at Ma = 0.7

Axial Velocity-Density Ratio changes with Mach number . . . . .
Effect of probe position on surface Mach number distributions . .
Effect of probe position on cascade Mach number . . . . . . . ..

Computational domain

Computational mesh . . . . . . . ... ... ... ... .. ... .

xii

oo 3 N



Figure 5.1.
Figure 5.2.
Figure 5.3.
Figure 5.4.
Figure 5.5.
Figure 5.6.
1.16 .
Figure 5.7.
Figure 5.8.
Figure 5.9.
Figure 5.10.
Figure 5.11.
Figure 5.12.
Figure 5.13.

Mach numbers

Figure 5.14.
Figure 5.15.

tational results

Oil-film flow visualization results
Vortex observed at Mach 1.16
Experimental schlieren images
Computed passage flow field at Ma = 0.70
Computed passage flow field at Ma = 1.16
Detailed view of Total Gradient at the Passage Throat for Ma =

Local Mach numbers for subsonic flow
Measured and predicted surface Mach number at Ma = 0.7
Local slope of suction surface
Local Mach numbers for transonic flow
Measured and predicted surface Mach number at Ma = 1.0- 1.31
Detail of Figure 5.11
Base pressure coefficient as measured and computed at various

Base pressure history over time for unsteady simulations
Comparison of Sieverding correlation to experimental and compu-

Figure 5.16. Measured and computed Wake flowfield for Ma =0.30 . . . ..
Figure 5.17. Measured and computed wake flowfield for Ma =0.70 . . . . . .
Figure 5.18. Measured and computed wake flowfield for Ma =116 . . . . ..
Figure 5.19. Effect of Mach number on mixed out flow angle . . . . . . . . ..
Figure 5.20. Graphical determination of the exit metal angle . . . . . . . . ..
Figure 5.21. Blade performance . . . . . . . . . ... ... ... ... ...
Figure 6.1. Gerrard[28] model of vortex formation. . . . . . . . ... ... ..
Figure 6.2. Comparison of experimental and computed normalized total pres-
sure loss . . .. L
Figure A.1. Schematic of the NRC transonic probe calibration tunnel
Figure A.2. Finger probe installed in traverse mechanism . . . . ... . . ..
Figure A.3. Layout of static pressure taps on calibration tunnel endwall . . .
Figure A.4. Static pressure distribution on calibration tunnel endwalls . . . .
Figure A.5. Effect of probe angle on tunnel Mach number . . . . . . . .. ..
Figure A.6. Effect of probe angle on tunnel Mach number . . . . . . . .. ..
Figure B.1. Validation using calibration data . . . . . . . ... ... ... ..
Figure B.2. Pre-traverse calibration validation using new data . . . . . . . . .
Figure D.1. Experimental and computed wake flowfield for Ma=1.0 . . . . .
Figure D.2. Experimental and computed wake flowfield for Ma =1.31 . . . .
Figure D.3. Measured and predicted surface Mach number at Ma = 0.3
Figure D.4. Measured and predicted surface Mach number at Ma = 0.5
Figure D.5. Measured and predicted surface Mach number at Ma = 0.9
Figure D.6. Measured and predicted surface Mach number at Ma = 1.4
Figure D.7. Computed steady passage flow field at Ma =03 . . ... .. ..
Figure D.8. Computed steady passage flow field at Ma =05 . . ... .. ..

xiil



Figure D.9. Computed steady passage flow field at Ma =09 . ... ... .. 163

Figure D.10. Computed steady passage flow field at Ma=1.00. . . ... . .. 164
Figure D.11. Computed steady passage flow field at Ma=131. . . .. . . .. 165
Figure D.12. Computed steady passage flow field at Ma =14 . . . . ... .. 166
Figure D.13. Computed steady passage flow field at Ma =15 . ... ... .. 167
Figure D.14. Computed steady passage flow field at Ma =16 . . ... . . .. 168
Figure D.15. Computed steady passage flow field at Ma =17 . . . .. . . .. 169

Xiv



List of Symbols

Latin Symbols

caQne »

®RE TN YO S I AT

Passage area

Local speed of sound
Axial chord

True chord

Radius of curvature
Internal energy

Vortex shedding frequency
Span

Enthalpy

Calibration coefficient
Turbulent kinetic energy
Mass flow

Generic counter

Throat opening
Pressure

Universal gas constant
Pitch or Enthalpy
Temperature

Time

Velocity

Generic spatial position
Pitchwise position

Greek Symbols

«
Qg
B
~
A
)

5te

S-S &= TN

Sy
®

Flow angle

Gauging angle

Metal angle

Specific heat ratio

Discrete change in a property
Deviation angle

Trailing edge wedge angle
Angle of curvature
Kinematic viscosity

Dynamic viscosity

Specific turbulence dissipation rate

Incidence angle on probe
Trailing edge diameter

XV

kg/ms

——r——r—r——ar——— r—— —— — — —



(0 Generic flow property

p Density

n Efficiency

L Incidence angle

T Reynolds stress

¢ Entropy generation coefficient

Cst Stagger angle

Subscripts

1 Value at the inlet

2 Value at the exit

Amecke Value according to Amecke and Safaiik
b Value at the trailing edge

c Value measured at center pressure port
char Characteristic value

1 Local value

L Value measured at left pressure port
m Value at the mixed-out plane

) Stagnation value

R Value measured at right pressure port
S Static value

st Value measured at static pressure port
Superscripts

* Value at the throat

Dimensionless Groups

Cq

Cd

Cpe
Ma
Re

Su

Y,

Dynamic pressure coefficient
Boundary layer loss coefficient
Base pressure coefficient
Mach number

Reynolds number

Strouhal number

Total pressure loss coefficient

xXvi

Equation 3.17

Equation 2.5
Equation 3.9
Equation 5.1
Equation 5.2
Equation 2.3



Chapter 1

Introduction

Gas turbines are a major source of power for both propulsion in the air and at sea and
for the generation of electricity on land. In these varied roles, gas turbines consume a
significant fraction of the world’s hydrocarbons. For this reason, an improvement in
the efficiency of a gas turbine component, which may be trivial in other applications,
can lead to an appreciable fuel saving over the life of the engine.

Essentially, a gas turbines consists of three core components: compressor, com-
bustion chamber and turbine. The compressor uses part of the power generated by
the turbine to compress the air. The combustion chamber adds additional internal
energy to the flow before it is expanded through the turbine to produce the power
required by the compressor. After the turbine, the remaining energy in the flow can
be used to power an additional turbine or the flow can be expanded through a nozzle
to produce thrust. A gas turbine, representative of an engine for a light aircraft or
helicopter, is shown in Figure 1.1.

Most axial turbine stages consist of a pair of blades. The first set of blades, called
stators, nozzles or vanes, accelerates and turns the flow. This imparts significant
angular momentum to the flow before it enters the second set of blades, known as the
rotor. The large change in angular momentum across the rotor is used to produce
useful work.

The overall amount of energy within the fluid at any point in a turbine is often
quantified in terms of total enthalpy. This measure combines all forms of available
energy in the fluid; pressure, internal and kinetic, into one quantity. The work ex-
tracted by a turbine can be measured as the difference in total enthalpy between the
stator inlet and rotor exit. Thus, the efficiency of a turbine is defined as the amount
of work extracted from the fluid compared to the amount of work which could have

been extracted for the same drop in total pressure by an adiabatic, isentropic process.
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Figure 1.1: Pratt and Whitney Canada PT6A42 gas turbine[49]

Turbine blades are designed to operate most efficiently at specific flow conditions.
However, most gas turbines, especially those used for air and sea transportation, must
operate at a variety of power settings which can change the Reynolds number, Mach
number and incidence angle on the blades. The performance of first stage nozzle
guide vanes is most sensitive to changes in the exit Mach number. Therefore, the
present research set out to examine how variations of the exit Mach number from
design conditions affected the losses generated by the vanes.

A series of experimental investigations in a linear cascade were performed on
a midspan profile from a first stage nozzle guide vane of a high pressure turbine.
Though the real flow through most high pressure turbine stages is a three-dimensional
phenomenon, the flow conditions within a linear cascade can come close to replicating
the flow which exists at the mid-span of a real blade. In order for the cascade to model
accurately the midspan flow within the engine, the flow within each passage must be
similar to replicate the infinite row of blades present in an annular turbine stage.
Additionally, the midspan flow in both the engine and cascade must be primarily
two-dimensional. Through careful design and testing these flow conditions can be
achieved. As such, for decades, linear cascades have been used extensively in the

design of turbomachinery blading.



The experimental results were supplemented by computational simulations of the
same flow. Commercially available computational fluid dynamics software, Fluent
6.3, was used to perform both steady state and time-dependent simulations.

Typically, measurements in a cascade are performed in two planes; at the inlet
and at the exit of the blade row. Often, information at the exit plane is represented
as values which would exist at a theoretical mized-out plane. This plane would be
located at some infinite distance downstream of the cascade where the inhomogeneous
flow present at the exit plane has completely mixed out into a homogeneous flow.

Flow conditions at the exit plane were measured using a three-hole pressure probe,
designed for use in transonic flows and calibrated between Mach 0.1 and Mach 1.2.
The experimental measurements were performed between Mach 0.3 and Mach 1.3.
Computational simulations were carried out up to Mach 1.7. In addition to the
traverses at the exit plane, the surface static pressures on the blade were measured
and oil film and schlieren photography were employed to visualize the flow.

The present study used these detailed experimental methods to explore the effect
of varying exit Mach numbers on the magnitudes of the losses generated in a linear
cascade of first stage nozzle guide vanes. In addition to the magnitude of the losses,
the local flow features which caused these losses were identified. Comparison of the
computational predictions to the experimental results allowed certain features of the
flow to be described in greater detail. Additionally, the computational results showed
the current ability of commercial codes to predict the behaviour of transonic flows
through cascades. Empirical correlations for the total pressure loss and base pressure
were compared to the experimental data to examine their applicability to transonic
flows.

This thesis is divided into seven chapters. Chapter two will provide information
on the present understanding of loss generation from turbine vanes. The experimen-
tal techniques and data reduction methods will be introduced in the third chapter,
followed by a discussion of the computational methods in chapter four. The results
from each of the various tests performed on the cascade will be discussed in detail

in chapter five. Chapter six will bring together both the experimental and compu-



tational results to describe the mechanisms responsible for the losses produced by
the blading. Chapter seven will summarize all the findings and make recommenda-
tions for improvements in the experimental and computational methods as well as

suggesting directions for future work.



Chapter 2

Literature review

This chapter presents an overview of the previous literature, both experimental and
computational, that is related to losses in transonic cascades. The main objective of
the current work was to examine the magnitude and sources of loss within a cascade
of transonic turbine vanes. The experiments were performed in a linear cascade which
has had a long history of use examining various phenomena encountered in transonic
turbines. As such, this literature review will first examine the sources of losses within
a turbine blade passage, making reference to the many experiments performed on
transonic blading in the past. Subsequently, the relevant experiments performed on
transonic turbine blades at the National Research Council of Canada will be examined
in detail.

The stated objective of this work was to measure aerodynamic losses, which are
typically meant as any departure from the behaviour which would be observed in
an isentropic flow. Aerodynamic losses occur when the kinetic or pressure energy
of the flow is converted into internal energy through an irreversible process. In an
adiabatic process, such as expansion through a turbine, entropy production is a direct
measure of irreversibilities, or losses. In his thorough review of the sources of losses
in turbomachines, Denton [20] argued for losses to be defined as the generation of
entropy. He noted that a thermodynamic property such as entropy or enthalpy is a
more useful design tool as it relates directly to the efficiency of the blade row.

For adiabatic flow, the generation of entropy can be expressed using Equation 2.1 [20].
Knowing this, the entropy production coefficient, (, could be calculated according to

Equation 2.2 [20].

o P02
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However, Denton’s advocacy of the use of entropy generation to track losses has
failed to deter most researchers from the much more common approach of using total
pressure deficit to quantify losses. The most popular expression of total pressure
losses normalizes the difference between a characteristic inlet and exit total pressures
by the exit dynamic pressure [6]. This is expressed in Equation 2.3.

Unless explicitly stated otherwise, the losses in this review refer to a total pressure

loss defined according to Equation 2.3.

2.1 Sources of Loss in Transonic Blades

The losses generated by a row of blades are a result of several inter-related mecha-
nisms. Though no one mechanism exists in isolation from the others, it is necessary
to discuss each separately for the sake of clarity. The four major groups of losses are:

boundary layer losses, shock losses, base pressure losses and secondary flow losses.

2.1.1 Boundary Layer Loss

Boundary layer losses refers to the entropy generated within the boundary layers on
the blade and is often termed skin friction drag. Additional losses can be incurred
when a boundary layer separates from the surface of the blade. Though there are
many blades where boundary layer separation occurs without any external influence,
at the incidence angle the present work examined, only shock-induced boundary layer
separation was observed. Therefore, this section will deal with the losses incurred in
undisturbed boundary layers, while the effects of separation will be discussed with
reference to shock-boundary layer interaction.

The discussion of losses in undisturbed boundary layers draws on the thorough
review of this subject performed by Denton [20]. Denton quantified the entropy
generated in boundary layers using a dissipation coefficient, Cy, i.e. a local rate of
entropy production in the boundary layer normalized by characteristic boundary layer

properties.
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Figure 2.1: Effect of Reynolds number on boundary layer loss [20]

The effect of the momentum thickness-based Reynolds number and pressure gra-
dients on C; was described by Denton. The momentum thickness based Reynolds
number, Rey, normalized the product of the momentum thickness and the velocity at
the edge of the boundary layer by the local kinematic viscosity. Figure 2.1 [20] shows
the effect of Rey on the dissipation coefficient. The figure shows how two different
correlations for boundary layer loss were affected by the Reynolds number. The cor-
relation used for laminar flow was taken from Truckenbrodt [65], and the turbulent
correlation was from Schlichting [54].

Similar to the classic Moody diagram, there is a sharp decrease in viscous dissipa-
tion, quantified in this case by C,, as the Reynolds number increases in the laminar
range. This is followed by a sudden jump to a higher loss level once the transition
to turbulence occurs, with an increasing turbulent Reynolds number causing a grad-
ual reduction in the level of viscous dissipation. Therefore, there is an advantage in
keeping the boundary layer laminar for as long as possible in order to benefit from
the lower loss levels.

Figure 2.2 [20], shows a calculation of the effect of a favorable (accelerating) or
adverse (diffusing) pressure gradient on the loss in a turbulent boundary layer. The
values plotted for different pressure gradients were determined using a computational

method presented by Cebeci and Carr [12] and Schlichting’s [54] correlation for turbu-
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Figure 2.2: Effect of pressure gradient on boundary layer loss [20]

lent flow is also plotted for comparison. There is lower loss in an accelerating region
than in a decelerating one. It also shows that the correlation given in Figure 2.1
agreed very well with the calculations past Rey of 500.

The discussion of skin friction losses can be greatly simplified by the observation
that skin friction losses do not vary with increasing turbulent Reynolds numbers to the
same degree as other sources of loss in transonic turbine blading [41]. Though the flow
rate and pressure gradient do affect the loss magnitude, in many cases the variations
they cause were insignificant, so that the boundary layer losses can be assumed to
be constant without greatly influencing the prediction of overall loss [20]. Denton
and Cumpsty [21] stated that for a turbulent boundary layer, it was appropriate
to assume that Cj remained essentially constant regardless of turbulent Reynolds

number variations.

2.1.2  Shocks and Shock Boundary Layer Interaction

In turbine blades with supersonic exit Mach numbers, a shock system will form at the
trailing edge. The shocks originate from flow around the trailing edge which many
authors, including Stanewsky [63], model as backwards-facing step. The effect of
shocks is further complicated by the fact that turbine blades do not exist in isolation

but are affected by the flow from adjacent blades. In the transonic regime, most blade
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designs will have the pressure side trailing edge shock of an adjacent blade impinge
on their suction surface [63]. The effect of the interaction between the incident shock
and the boundary layer can be a major source of loss in the transonic regime [41].
This section first examines the effects of the shock wave and subsequently the effect
that impinging shock waves have on the boundary layer.

The basic structure of a trailing edge shock system, illustrated by Figure 2.3, is
taken from the work of Denton and Xu [22]. There is a set of expansion waves which
are caused by the flow turning towards the chord line at the beginning of the trailing
edge radius. The suction side and pressure side flows converge at a point downstream
from the trailing edge and here the flow turns back to the downstream direction,
forming an oblique shock. The position of this point of confluence is of great interest
as it determines the angles through which the expansion waves and oblique shocks
would turn an inviscid flow and thus also determines their strength.

Between the two converging streams lies a triangular, low velocity, region bounded
by two strong shear layers. Sieverding et al. [58] showed that in flows approaching
the limit loading, past which the entire passage is choked, there was an additional lip

shock present. The lip shock was needed to adjust the pressure of flow to the value
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in the base triangle region. The behavior of the flow near the trailing edge will be
explored further in Section 2.1.3.

Shocks are obvious sources of entropy generation [5], and thus losses, in the flow.
However the loss across an oblique shock is not as simple to calculate as that from
a normal shock since the loss is dependent on both the Mach number and the angle
that the shock wave makes with the flow. This angle is a function of both the Mach
number and the angle though which the flow is being turned. As the Mach number
increases, for a constant turning angle, the shock will tilt downstream. This shock
swing behavior is predicted by oblique shock relations and was seen in a series of
schlieren images taken by Graham and Kost [30] and independently by Carscallen
et al. [10].

However, Denton [20] noted that at transonic Mach numbers, the losses induced
by shock-boundary layer interaction are just as significant as the losses introduced
by the shock itself. Therefore, the effect of shock-boundary layer interaction on the
losses from the blade must be examined.

A thorough review of shock-boundary layer interaction in transonic flows was per-
formed by Stanewsky in 1973 [63]. His model for the behavior of an incident oblique
shock wave on a flat plate boundary layer is shown in Figure 2.4. For comparison,
a real schlieren picture of a shock interacting with the boundary layer of a turbine
blade, taken from Sonoda et al. [61], is shown in Figure 2.5.

The most notable feature of both the model and the image is the generation of
multiple reflected compression shocks and expansion waves; opposed to the single
reflected compression wave predicted by inviscid flow. The origin of this interesting
viscous behavior is the effective displacement thickness of the separation bubble.

This behaviour is initiated by a small local separation developing due to the
boundary layer’s inability to remain attached across the pressure rise created by the
incident trailing edge shock, which originated from the adjacent blade. This separated
region cannot convect mass or momentum downstream so the flow must be diverted
around it to maintain continuity. In doing this, the flow is turned towards the passage

and, in the supersonic region of the boundary layer, this creates an oblique shock wave.
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Figure 2.4: Oblique shock-boundary layer interaction model [63]

If the flow re-attaches, the separation bubble will be finite and at some point begin
to shrink. As it does, the flow is turned back towards the blade and an expansion fan
is created. After the separation bubble, the flow is turned back to follow the blade
and a second oblique shock wave is created [63].

In the schlieren image from Sonoda et al. [61], Figure 2.5, this behavior can be
clearly seen. The separation bubble (C) is quite large so the first oblique shock (B)
is formed upstream of the incident trailing edge shock (A). The expansion fan (D)
is formed at the point of maximum thickness of the separation bubble. Finally, the
second oblique shock (E) occurs almost at the trailing edge where the separated flow
finally reattaches.

A major assumption of the preceding discussion is that the flow would re-attach
to the airfoil at some point downstream. The many test pilots who were victims
of the early flight research on transonic airfoils would attest that this is not always

the case. The ability of the flow to re-attach to the blade is affected strongly by
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Figure 2.5: Schlieren image of shock boundary layer interaction [61]

the strength of the incident shock as well as the state of the boundary layer, (i.e.
laminar, transitional or turbulent). The physics of how flow reattaches to the blade
is beyond the scope of this review. In general, however, the strength of the shock
directly affects the flow’s ability to re-attach since it sets the pressure rise which the
boundary layer must overcome. Laminar boundary layers will separate more easily
than turbulent ones and will also be less likely to re-attach to the blade [63]. The
degree of turbulence in the boundary layer is an important parameter in the process
of flow reattachment. Turbulent mixing is the process that allows an exchange of
momentum from the energetic bulk flow to low momentum shear layer, allowing it to
overcome the adverse pressure gradient.

The difference that a laminar versus turbulent shock-boundary layer interaction
has on a blade’s performance was discussed by Sonoda et al. [61]. They compared one

blade with laminar flow up to the shock impingement point to another which promoted
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transition earlier on the blade. The ensuing reduction of the size of the separated
zone was in part responsible for a 17% reduction in losses. This example shows that
though Section 2.1.1 indicated that a laminar boundary layer would have a lower
viscous loss, the added loss incurred by a laminar shock-boundary layer interaction
may make a turbulent boundary layer preferable on areas of a blade where these
interactions may occur.

One interesting feature of Figure 2.4 which has not yet been examined is the pres-
sure distribution within the region affected by the shock. The pressure distribution
shows a sharp compression at the source of the first shock wave reflection. This is
followed by an isobaric region in the separation bubble which is terminated by a
gradual compression due to the second reflected shock wave. Experimental pressure
distributions of the shock-affected region of a turbine blade’s suction surface were
collected by Dietrichs et al. [23]. They showed that the pressure distribution seen in

the flat plate model agreed well with the behaviour observed on a real airfoil.

2.1.3 Base Pressure

Shock waves are not the only source of loss originating from the trailing edge. The
trailing edge of the blade is surrounded by a region of low pressure fluid. This entropy
generated in this region leads to base pressure losses. There is an additional source of
loss at the trailing edge which termed the mizing loss. Mixing losses are a result of the
entropy generated as the shear layers from the pressure and suction surfaces meet and
begin to mix out to restore a uniform velocity stream. The mixing loss is present in
all airfoils and its main driving force is the difference in velocity between the pressure
and suction surfaces at the trailing edge. The strong resulting velocity gradients will
create irreversible losses of energy from the flow which cannot be recovered regardless
of how long the flow is allowed to mix [1].

The base pressure loss is different than the mixing loss as it is possible to have
a base pressure loss without the presence of a velocity gradient, such as in the flow
behind a cylinder. In this case the driving force for the base pressure loss is the

entropy produced by the separation of the flow on the decelerating region of the
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cylinder. In turbine blades with trailing edge cooling, the thick trailing edge can act
like a cylinder and the flow will separate before the pressure and suction side streams
converge. Thus, the loss at the trailing edge is due to three phenomenon, shock waves,
mixing loss and base pressure loss.

The importance of the base pressure loss is demonstrated by a simple model for
the generation of entropy downstream of the trailing edge in incompressible flow. This
model is given in Equation 2.4, whose derivation is shown in [20].

Y = -

" 2
Cpb¢te+2_9+ (5 +¢te> (2.4)

(0] o (0]

In Equation 2.4, # was the boundary layer’s momentum thickness, 0* was the
boundary layer’s displacement thickness, o was the diameter of the throat and ¢,
was the trailing edge diameter. Cp, was the base pressure coefficient, defined in

Equation 2.5.

P, — P

Cpp = —— -2
Py POQ—PQ

(2.5)

Since Equation 2.4 assumes incompressible flow it does not reflect the losses gen-
erated by trailing edge shocks, and is therefore only indicative of the base pressure
and mixing losses downstream of the trailing edge.

It is important to note that in Equation 2.4 the base pressure was modified by
the trailing edge to throat opening ratio, ¢./o. Therefore, as the trailing edge di-
ameter becomes small relative to the throat, the base pressure coefficient becomes
less important. For this reason the significance of the base pressure depends on the
blade geometry. Several researches have examined the contribution of base pressure
to overall losses on real turbine blades. Corriveau and Sjolander [16] noted that the
base pressure contributed to approximately one third of the total tailing edge loss.
Using Equation 2.4, Jouini et al. [33] calculated that 80% of the difference in losses
observed between two blade designs could be attributed to differences in the base
pressure coefficient. Section 2.1.6 will show that the base pressure and mixing losses

are major sources of losses at transonic speeds.
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These two examples serve show that accurate prediction of losses in a blade
strongly depend on the base pressure information. Accordingly, there have been
many efforts to predict the magnitude of the base pressure in transonic turbines.
Sieverding et al. [58] proposed a correlation to which many subsequent researchers
have compared their data. Sieverding’s correlation relates the Mach number to the
base pressure for various blade geometries. In this correlation, the base pressure was
normalized by inlet total pressure, the Mach number was represented by the cascade
static-to-total pressure ratio and geometry was indicated by the mean of the suction
side curvature and the trailing edge wedge angle. The correlation was derived us-
ing data from a family of 16 different blades. The limitations that this blade family
placed on the effective range of the correlation will be examined in Chapter 6.

Sieverding’s correlation is reproduced in Figure 2.6. Jouini et al. [33], to the
present author’s knowledge, has had the most success in obtaining results which
agreed with Sieverding’s correlation. Xu and Denton [69] examined a family of four
turbine blades and measured many different sources of loss, including the base pres-
sure. They found that their results had very poor agreement with the Sieverding
correlation. They recorded base pressures in excess of the exit static pressure while
the correlation predicted the opposite trend.

Another group of researchers took a different approach to empirical modeling of
the base pressure. Boles and Sari [7] used the method of characteristics to deter-
mine the Mach number at the point of confluence, or recompression Mach number.
Section 2.1.2 showed this value was critical to the determination of the strength of
the trailing edge compression and expansion waves. They then correlated the base
pressure to that recompression Mach number, using a polynomial relationship. This
relationship was found to be independent of the blade’s geometry and the magnitude
of losses in annular or linear cascades. However, this approach had the disadvantage
of having to calculate the recompression Mach number using a numerical approach or
the method of characteristics in order to obtain an estimate of the base pressure. The
results from this correlation showed good agreement with the data of Xu and Den-

ton [69], since the Boles and Sari correlation predicted base pressures higher than the
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exit static pressure.

There was a clear conflict between the correlation proposed by Sieverding et al. [58]
and that of Boles and Sari [7]. The former predicted the base pressure to almost al-
ways be less than the exit static pressure, while the latter almost always predicted it
to be greater. Both correlations appeared to be correct in certain circumstances as an
independent experiment observed the predicted trend from each of these correlations.
Jouini et al. ’s data [33] matched the Sieverding correlations and Xu and Denton [69]
agreed with Boles and Sari [7]. It is clear that there are some parameters that are
not being accounted for in either of these correlations, making each valid for certain
blade geometries and flow conditions. As there remained many gaps in the body of
knowledge of base pressure, Sieverding expanded on his previous work and performed
a more detailed experiment on the flow physics in the trailing edge region. The in-

vestigation of Sieverding et al. [57] did not lead to a clear outline of the parameters
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that affected base pressure loss. However it highlighted several details of the trailing
edge flow that helped to explain its behaviour.

Sieverding et al. [57] produced a series of continuous high speed schlieren images
which were able to resolve the vortex shedding occurring at the trailing edge, which
had previously been observed by Carscallen et al. [10]. Sieverding et al. ’s [57]
images were gathered at Ma = 0.8. It was observed that at this high subsonic
Mach number, acoustic waves, or weak pressure discontinuities, were generated as
the trailing edge shear layers oscillated, generating a vortex street. These acoustic
waves were able to propagate upstream in the subsonic flow.

Sieverding et al. [57] instrumented the trailing edge of a turbine blade with a ro-
tating trailing edge and recorded both the time-resolved and time-averaged base pres-
sure around the trailing edge circle. They observed that the isobaric region recorded
by Sieverding et al. in 1980 [58] at the trailing edge of a flat plate was not present.
Rather, there was a significant pressure minimum at the center of the trailing edge
arc, also known as the trailing edge tip. One reason for this difference was that the
1980 experiment was performed on a flat plate, while Sieverding et al. ’s 2003 tests
were performed on a real blade. This could affect vortex shedding as a flat plate has
symmetric boundary layers while a turbine blade has significantly different boundary
layers on the pressure and suction surface at the trailing edge plane. Additionally,
Sieverding et al. s [58] 1980 experiment was performed in supersonic flow while the
2003 tests [57] were performed at Mach 0.8. Raffel and Kost [51] also observed an
isobaric region behind a flat plate at various supersonic exit Mach numbers. How-
ever, no other research has examined the pressure distribution around a real blade’s
trailing edge in supersonic flow conditions, or examined if the isobaric region behind

a flat plate is present in subsonic flow.

2.1.4 Trailing Edge Cooling Injection

Equation 2.4 showed that the base pressure’s contribution to the losses from the blade
was strongly dependent on the trailing edge to throat-opening ratio. In the absence of

other design constraints, it would appear preferable to have a very sharp trailing edge
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to minimize base pressure losses. In fact, this is the approach taken in compressor
and low pressure turbine blades. However, high pressure turbine blades operate in
an environment where the mean temperature of the passage flow is in excess of that
which the blade materials can safely tolerate. Extremely thin geometries are simply
not practical since the extremities will adopt the temperature of the surrounding flow,
some form of cooling is necessary to prevent a catastrophic failure of the blade. Al-
most every commonly used cooling scheme employs some form of trailing edge coolant
ejection which necessitates a thicker trailing edge than is aerodynamically desirable.
The current tests model the presence of such a thick trailing edge, but not the intro-
duction of cooling air. This air would have a different stagnation temperature and
pressure as well as Mach number than the main flow. This section will briefly examine
the effects that coolant injection has on the blade losses in order to understand how
the test profile would perform in a real engine environment.

When losses are defined in terms of thermodynamic properties the presence of
trailing edge cooling can affect it in two ways. First, the introduction of low-energy
fluid into a turbine stage will reduce the blade’s base thermodynamic efficiency. This
effect was discussed by Denton [20]. Secondly, the injection will affect the aerody-
namic performance of the blade by locally disturbing the flow with high momen-
tum jets. This topic has been examined by many authors, amongst them Reiss and
Béles [52] who examined only coolant schemes that avoided injection at the trailing
edge. They reported that trailing edge injection can increase losses while in some
situations, losses could be reduced by leading edge injection.

Xu and Denton [69] noted that for the case of coolant injection from discrete
ports, the base pressure was increased. Though Section 2.1.3 indicated that this
effect, in isolation, would reduce the magnitude of losses, the experimental results
showed that the losses increased. This was due, in part, to the additional mixing
within the flow. The coolant disturbed the exit flow to the point that no region of
two dimensional flow existed in the cooled blades. Reiss and Boles [52] examined the
effect of trailing edge injection over a range of coolant mass-flow rates. They noted

that there was an optimum coolant mass flow that minimized losses at a level below
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the no-injection condition. However, for larger mass flow rates the losses increased, as
Xu and Denton [69] observed. Reiss and Béles [52] attributed the minimum in loss to
interactions between the injected coolant and the trailing edge vortex shedding. This
behaviour has also been observed by Motallebi and Norbury [43], in an investigation
on an isolated airfoil with trailing edge injection. Motallebi and Norbury [43] noted
that when the mass flow of coolant was less than a critical value, the coolant flow
would suppress the trailing edge vortex street, this had the effect of increasing the
base pressure. This critical value varied with supersonic Mach number but remained
around 5 — 7% of the inlet mass flow rate. Subsequent increases of mass flow past this
critical value resulted in a reduction in base pressure. Recall from section Section 2.1.3

that a lower base pressure led to an increase in losses.

2.1.5 Secondary Losses

One final source of losses in stationary turbine blades are those which arise due to
secondary flow. Secondary losses primarily result from the generation of large scale
vorticity within the blade passage. In stationary blades, the two major sources of
this vorticity are stagnation pressure gradients within the boundary layer and the
cross-passage pressure difference. This group of losses encompasses a great many
separate loss-generating mechanisms and is worthy of an entire chapter to give even
a cursory outline of these complex, inter related entropy generators, (as was done
in [6]). However, the present work explicitly aims not to measure the effects of
secondary losses. Therefore, though it is acknowledged that this source will affect
the three dimensional losses from the blading, secondary flows will have a negligible
impact on the midspan losses of the vanes under investigation and thus will not be

considered in the present work.

2.1.6 Combined Effects

In the introduction to this discussion of sources of loss on transonic blades, it was

noted that there was significant interaction between all the loss mechanisms. This
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Figure 2.7: Loss breakdown by source

section will discuss the relative importance of each mechanism to the overall losses as
well as show some interesting results caused by these interactions.

Figure 2.7, taken from Mee et al. [41], shows one interpretation of the relative
importance of the various loss generating mechanisms. Mee et al. ’s choice of loss
coefficient is based on entropy generation rather than total pressure losses. Here
§ = 1 —n where 7 is defined in Equation 2.6 and &,.f represents the losses at a refer-

ence condition.

. h02_h2
N hOQ — hg -+ As

The boundary layer losses were calculated by measuring the momentum thickness on

(2.6)

n

the pressure and suction surfaces of the blade at the start of the trailing edge radius.
The shock losses were based on the total pressure measured outside the wake. Finally,
the mixing losses were that part of the total losses that was neither boundary layer nor
shock losses. There was one significant limitation in this approach. Mee et al. [41]
noted that as the Mach number increased and shocks became more parallel to the flow,
the trailing edge shocks crossed the measurement plane and some of the total pressure
losses due to shocks was not accounted for as shock losses, but rather contributed to

the mixing losses. As a result, it was unclear if the relative importance of the shock
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losses truly decreased past Mach one, as Figure 2.7 shows, or if this was only due
to the position of the shocks relative to the measuring plane. However, these results
supported the observation alluded to in Section 2.1.1 that the changes boundary layer
losses with increasing Mach number are small compared to the changes in the other
sources of loss. Additionally it shows that between Ma = 1 and Ma = 1.2 there was
a large (=~ 100%) increase in the overall losses.

Other researchers, such as Graham and Kost [30] as well as Carscallen and Oost-
huzien [11] have extended the Mach number range of their investigations past Mach
1.2 and have noted a unique trend of the losses with Mach number. Figure 2.8 from
Graham and Kost’s work [30], shows the losses measured on a turbine vane with a
thick trailing edge, at two different incidence angles. It can be seen that the loss de-
creased past Mach one leading to a local minimum at Mach 1.1 before a sharp growth
in losses at transonic speeds. The mechanism for this behavior will be explained more
thoroughly with reference to the current results in Chapter 6. This interesting trend
in transonic losses is not entirely without precedent, Anderson’s discussion of super-
critical airfoils [5] also showed that there was a local minimum in losses just before a
steep transonic rise. However, this minimum occurred at high subsonic rather than

low supersonic speeds.

2.2  Overview of Previous Studies on Transonic Vanes at NRC

2.2.1 Highly Loaded Turbine Test Rig (HLTTR)

The series of experiments which have been performed at NRC on the performance
of highly loaded turbine vanes began with a project initiated by Pratt and Whitney
Canada in the 1980’s to investigate the performance of a single stage gas generator
turbine. This research turbine was meant to be representative of the first stage of
a small aircraft or helicopter engine. The turbine was designed to produce sufficient
power to drive the compressor in a single turbine stage in order to reduce the weight
and complexity of the engine. Additionally, it was designed to operate at a relatively

low rotational speed to reduce component wear as well as the gyroscopic effect of



22

0.16

o

[EY

N
o

o

=

N
5\

o
[EEN
o

0.08 ?K\%

0.06 —

0.04

Mixed-Out Total Pressure Loss [-]

0.02

0.00
06 07 08 09 1 11 12 13 14 1=t

Exit Mach Number [-]

Figure 2.8: Transonic loss behavior

the engine on the handling characteristics of light helicopters. The combination of
large work extraction and low rotational speed lead to very high stage loading. The
original tests performed in the HLTTR were described by Moustapha et al. [45].
These tests took place in an annular rig with the capability to make measure-
ments on either an annulus of stators or a complete turbine stage with a spinning
rotor. The length scale of the blades was three times engine size to facilitate detailed
measurements of the wake. A significant amount of effort was invested into studying
the behavior of the stator in isolation. The effects of off-design Mach number, as well
as endwall contouring, were explored in detail by Williamson and Moustapha [68] and
Moustapha and Williamson [46]. It was found that the mid-span local isentropic Mach
numbers would increase up to the passage throat and then, for nominally subsonic
flow, they would decrease. In the case of nominally supersonic flow, the acceleration

continued past the throat up to an certain position within the uncovered turning
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region, past which the flow would decelerate. Flow visualization showed that this de-
celeration began at the location of impingement by an adjacent blade’s trailing edge
shock. The effect of Mach number on the losses was also investigated. Williamson
and Moustapha [68] observed that the area-averaged value of the total pressure loss
grew continuously with increasing Mach number. Another wake parameter that was
investigated by Williamson and Moustapha [68] was the total temperature field. Sur-
prisingly, it was found that there were gradients of total temperature in the wake
of the blades; this was an unexpected result from an adiabatic blade passage. Since
the instrumentation in the apparatus was too coarse to make any inference into the
sources of these gradients, a new larger scale linear cascade was designed and com-

missioned.

2.2.2 Transonic Planar Cascade

The primary reason for commissioning the Transonic Linear Cascade was to investi-
gate the causes of the total temperature gradients observed in the stator wake with
the HLTTR. However, in its almost twenty years of operation at NRC, it has been
used to examine many other unique phenomena in turbine vanes, especially those
specific to blades with thick trailing edges.

Carscallen and Oosthuizen [11] were able to observe total temperature gradients in
the vane wake and confirmed that they were not due simply to heat transfer from the
cascade to the flow. In subsequent published discussions of the paper [11], the theory
was proposed that the temperature non-uniformities were due to vortex shedding
from the trailing edge.

Using high speed schlieren photography, these vortices were observed by Fleige [26]
and Carscallen et al. [10] for a wide range of transonic Mach numbers. They reported
that at a characteristic exit Mach number below Ma = (0.7 there was an intermittent
von Karman vortex street behind the blades. The vortex street was shed continuously
between Ma = 0.7 and Ma = 1.1. Beyond Ma = 1.1, the vortex street was no longer
purely of a von Karman type, but rather took on one of several unique patterns.

Similar shedding behavior was also reported in a numerical simulation of the cascade
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performed by Currie and Carscallen [18].

Fleige [26, 10] further investigated the nature of the vorticity within the blade
wake at Ma = 1.16 by taking 170 schlieren images over 35 minutes and sorting them
according to the vortex pattern which was observable. He found that 44.5% of the
time the wake had no discernable vortex structure. For 46.5% of the time a von
Karman type wake was present and for a final 9% of the time, a distinct yet non-von
Karman vortex street was observed. Essentially, the von Karman vortex shedding at
Ma = 1.16 was present 50% of the time [18].

The vortex behavior is significant when the mid-span losses and base pressure
are examined. It was observed that there was a sharp drop in base pressure and
a corresponding rise in mid span losses when the continuous von Kérman vortex
street was present. As the von Kédrman street degenerated into progressively more
disordered vortex shedding patterns at high transonic Mach numbers, there was a
rise in the base pressure which corresponded with a decrease in loss. This trend is
shown in Figure 2.9, which reproduced the data of Carscallen et al. [10]. Though the
preceding sections showed that there are many variables which can affect both the
base pressure and midspan losses, the strong correlation between the changing modes
of vortex shedding behind the blade and dramatic changes in the base pressure and
loss suggests that these parameters may be strongly affected by the vortices.

It was observed that the vortex shedding at the trailing edge affected not only the
total temperature but also the base pressure and loss. Therefore, this important phe-
nomenon was investigated in more detail by Carscallen et al. [9] using a fast response
total temperature probes. The vortex shedding was found to be occurring at 10kHz.
In order to resolve the vortical structures a probe developed at Oxford University,
which had a bandwidth of 87kHz, was employed. The total temperature redistribu-
tion detected by the time averaged results in [11] was observed in much greater detail.
These results confirmed the theory raised by the original investigations [11], that the
total temperature in the wake was redistributed by the Eckert Weis effect [9)].
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Figure 2.9: Previous data from the transonic linear cascade
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The preceding discussion of the sources of loss in turbine vanes demonstrated that

the magnitude of the total pressure loss through a stator row is dependent on many

different entropy generating mechanisms which are all inter-related to some degree.

Though this complex flow has resisted any analytical solution, there are several em-

pirical correlations in existence that aim to use the performance of previously tested

blades to predict the behavior of new designs.

One of the most basic empirical loss correlations for turbines was proposed by

Soderberg [24] which gave a rough estimate for the losses from both stator and rotor

vanes. The design parameters which this correlation examined were the Reynolds

number, the total fluid deflection within the blade, the thickness to chord ratio and

the aspect ratio.
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Since the Soderberg correlations was developed in the 1940’s, more advanced
empirical methods for predicting losses have been developed. Craig ans Cox [17],
developed a loss correlation for both steam and gas turbine blades which performed
well over a wide range of Reynolds numbers and aspect ratios. The Craig and Cox
model was updated by Chen [13] to better describe for the behaviour of steam turbine
blades at transonic exit Mach numbers.

Another loss correlation was developed in the 1950’s by Ainley and Mathieson
[3] and has been continuously improved upon in the decades since its introduction .
Dunham and Came [25] presented their work in the early 1970’s which incorporated
additional test data to reflect the rapid evolution in the performance of turbine blades.
The next major review of the Ainley and Mathieson correlation was performed by
by Kacker and Okapuu [34] in the early 1980’s. A more modern re-examination of
this correlation was performed by Zhu and Sjolander [70] in 2005. This empirical
loss correlations will be referred to as the Kacker and Okapuu (K&O) correlation,
recognizing that many other authors have contributed to it.

Both the Kacker and Okapuu and Craig and Cox correlations claim to be able
to predict the efficiency of well designed blading within +2%. However, the model
proposed by Craig, Cox and Chen used data from both steam and gas turbnes in its
database of sucessfull designs. The model developed by Ainley, Mathieson, Dunham,
Came, Kacer, Okapuu, Zhu and Sjolander used only data from gas turbines. making
it better suited to gas turbine applications, and is in common use in industry. For
this reason, the Kacker and Okapuu loss correlation, in the form presented by Zhu
and Sjolander, will be discussed in greater detail.

The method of applying the Kacker and Okapuu [34] correlation is described in by
their 1982 paper [34]. Zhu and Sjolander [70] incorporated modern cascade data to
adjust the correlations constants to better predict the performance of modern blading.
The modifications are documented in [70]. The precise details of the correlations will
not be repeated here. However, a brief discussion is necessary on the geometric and
flow properties that the correlation treats as significant and what their influence is

on the predicted losses.
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The chosen loss correlation predicts the losses arising from several different, inde-
pendent, sources and linearly combines them. The basic equation for the correlation
is shown in Equation 2.7. Though determining the value of the terms on the right
hand side is complex and non-linear, this equation shows how the basic correlation
behaves.

Yr =Y, X fre +Yipr +Ys + Yro (2.7)

Where:

e Yp represents the profile losses. These losses are predicted based on the degree
of reaction of the stage and the blade’s pitch to chord ratio, exit flow angle and

the inlet metal angle.

e fr. modifies the profiles losses to account for Reynolds number based on the

true chord and the exit plane velocity and gas properties.

e Y/ represents the trailing edge losses. This source of loss is modeled based
on the trailing edge to throat-opening ratio, the exit Mach number, the amount
of blade turning and the degree of blade reaction. This trailing edge modifier is
solely meant to model the mixing/base pressure losses at the trailing edge, not

the shock system.

e Y, represents the secondary flow losses and is ignored for predicting the two

dimensional losses at midspan.

e Yo represents the tip clearance flow losses and can be omitted for stationary

blades.

For transonic flows there are two modifiers applied to the profile losses to account
for compressibility affects: one modifier is meant to model the presence of shocks
at the leading edge of the blade or within the passage. This modifier is strongly
dependent on the inlet Mach number and is consequently very small in the current
experiment. There is a second compressibility modifier which only applies to cases

with supersonic exit Mach numbers and is meant to account for the presence of trailing
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edge shocks in the uncovered part of the blade. The exit Mach number is the only
variable that affects this modifier, and in the current experiment it is the dominant

compressibility effect.



Chapter 3

Experimental Setup and Measurement Methods

This chapter describes the experimental facility, the instrumentation and the data

reduction techniques used for this investigation.

3.1 Experimental Facility

All the experiments were performed in the Transonic Linear Cascade located at the
National Research Council of Canada (NRC) in Ottawa Ontario. Though Carscallen [§]
described the design and commissioning of the cascade, the important details of this
facility will be repeated here.

A layout of a linear cascade is shown in Figure 3.1. The coordinate system used
in a cascade is also shown in this figure. In the present work, the two extremes
in the pitchwise direction were labeled North and South. This convention will be
used consistently throughout this work to avoid confusion when referring to pitchwise
positions. Figure 3.1 also shows the location of the three measurement planes. The
labeling of these planes will be as follows: the inlet plane is labeled 1, the exit plane

2 and the mixed out plane, m.
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Figure 3.1: Layout of a generic linear cascade
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Figure 3.2: Overall view of the transonic linear cascade

Figure 3.2 shows a schematic of the transonic linear cascade. Air was drawn
through the the Transonic Linear Cascade by a 2 MW Brown-Boveri exhauster, capa-
ble of delivering 4.5kg/s of air at an absolute pressure of 50.8 mmHg at the exhauster
inlet. However, the losses introduced in the ducting system between the exhauster and
the cascade lead to a higher absolute pressure at the exit plane of the cascade. This

caused the maximum exit Mach number from the cascade to be limited to Ma = 1.4.

3.1.1 Test Section

The inlet to the cascade was a bell-mouth formed by a 5 : 1 ellipse with mitered
corners. Since the original intent of the cascade was to examine secondary flows within
the blade passages, the cascade had a long inlet section so the sidewall boundary layers
would grow to a thickness of 10% of the span by the start of the blade-row. Boundary
layer bleeds were installed on the North and South side of the cascade to control the
endwall boundary layers.

The cascade consisted of six blades forming five passages. The flow exiting the
blade-row was guided by an upper and lower tailboard. The lower tailboard was per-
forated, with holes drilled perpendicular to the tailboard surface. This was intended

to suppress the reflection of shock waves originating from the blade trailing edges
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at supersonic speeds. The upper tailboard was not part of the cascade described
in [8], it was added to improve the cascade periodicity. Unlike the lower tailboard,
the upper tailboard was made of solid aluminum. Tests showed that the upper and
lower tailboard were the only means of adjusting the periodicity of the cascade. The

boundary layer bleeds did not have a significant effect.

3.1.2 Blade Geometry

The blade used in the current experiment was of the same design as that used by
Carscallen et al. [11,8,10,9]. However, there was one change to the as-manufactured
blade geometry between the previous experiments and the current work. An imper-
fection at the beginning of the trailing edge radius was removed from the pressure
surface. Previously there was a small rounded protrusion in this region. The blade
used in the present experiments had a smooth transition from the pressure surface to
the trailing edge circle as had been intended in the original blade design.

The blades which made up the cascade had some very aggressive design features.
Section 2.2.1 discussed that the airfoil was the mid-span profile from the stator of a
first stage turbine which was required to power the compressor of a gas turbine used
in small air and rotor-craft. As such, it required aggressive cooling as well as a large
amount of turning to allow the matching rotor to produce sufficient power in a single
stage. The need for aggressive cooling led to the blade having a thick trailing edge
(=~ 20% of the throat opening). The blade was designed to have a high suction surface
curvature in the first 0.5 C,, of the blade, where most of the turning was desired. This
lead to the blade having low suction surface curvature downstream of the throat.
There were several advantages to having low suction surface curvature downstream
of the throat. Sieverding et al. [58] noted that low suction surface curvature was
strongly correlated to a low base pressure losses. Graham and Kost [30] stated that
the smaller the suction surface curvature, the easier it was for a separated boundary
layer to re-attach to the blade. Finally, Ainley [2] noted that low suction surface
curvature led to decreased flow deflection from the exit metal angle.

The blade geometry is shown in Figure 3.3, its design specifications are given in
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Figure 3.3: Blade geometry

Table 3.1. This table also contains several dimensionless ratios which are often used
to characterize a blade’s design.

Detailed blade coordinates are presented in Appendix F. The passage throat,
labeled as o in Figure 3.3, was located at the start of the region of uncovered turning.
The passage throat occurred at 0.57 C,, or 32% the suction surfce length.

The aspect ratio of the airfoils was 1.74 based on axial chord. This was sufficient
to allow for two-dimensional flow at the mid-span, as will be shown in subsequent
sections.

The ratio of the throat opening to the pitch has been strongly correlated to the
exit flow angle of turbine blades by Ainley [2]. Equation 3.1 uses this ratio to calculate

the gauging angle which is used to predict the outlet flow angle.

o

oy = cos™ ! (—) (3.1)

S

The suction surface curvature downstream of the throat was indicated in two ways.
The most common was to calculate the uncovered turning. This was defined as the
angle formed between a line tangent to the suction surface at the throat, and the exit

metal angle, shown as € in Figure 3.3. Another measure, called the suction surface
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Table 3.1: Blade geometry

’ Property \ Symbol \ Value ‘
Number of Vanes 6 mm
Axial Chord C, 84.6 mm
True Chord C 175.3 mm
Span ht 112.8 mm
Pitch s 147.8 mm
Throat Opening 0 23.58 mm
Trailing Edge Diameter ODte 6.35 mm
Stagger Angle Cst 64 °
Inlet Metal Angle ; 0°
Nominal Incidence L —10°
Outlet Metal Angle Oe 76°
Mean SS Radius of Curvature | e 2000mm
Uncovered Turning Angle € 3°
Solidity < 1.19
Trailing Edge Blockage % 0.269
Aspect Ratio = 1.74
SS Curvature Ratio 2 0.074
Gauging Angle Qg 78.8°

curvature ratio, normalized the pitch by the mean radius of curvature on the suction

surface downstream of the throat.

3.2 Instrumentation
3.2.1 Vane Surface Static Pressures

The static pressure profile along the surface of the blade was an important indicator
of how the flow close to the blade was behaving. Static pressures were recorded at 26
points on the suction surface and 14 points on the pressure surface. Each static tap on
the blade’s surface had a diameter of 0.76 mm. Figure 3.4 shows the locations of the
static taps around the blade and Table F.2 in Appendix F describes their locations
on the blade.

Each blade in the cascade had only the pressure or suction surfaces instrumented.
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Figure 3.4: Static tap locations

All the data presented in this thesis came from surface pressure measurements taken
from the pressure surface of the blade 3 and the suction surface of blade 4.

The three static taps located closest to the trailing edge on the blade were used
to measure the base pressure on the airfoil. Many researchers, including Sieverd-
ing et al. [58] noted that the measurement of base pressure was affected if the di-
ameter of the static pressure tap in the base region was large relative to the trailing
edge thickness. The base pressure static tap in the current blades was only 0.635mm

in diameter, representing only 10% ¢y.

3.2.2 Sidewall Static Pressure

To examine the quality of the inlet and exit flow, the sidewall static pressures were
recorded at two locations. The inlet flow was measured at 14 equally spaced taps,
placed in a line 1 C, upstream of the blade’s leading edge. The exit flow was measured
at 16 locations placed 1.4 C, downstream of the leading edge.

Two static taps were also installed to monitor the characteristic exit static pres-
sure. The first location, termed Ref. A was located below the suction side of blade 1.
The second location, termed Ref B was placed downstream of the exit static pressure

taps. The locations of the inlet and exit static taps as well as the two characteristic
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static pressures are shown in Figure 3.2. All endwall static taps had a diameter of

0.76 mm.

3.2.3 Transonic Flow Probe

A 3-hole type probe, designed for use in transonic flow, was traversed across two blade
pitches at the inlet and exit planes. The exit plane was located so that the probe
sensed the flow 1.4 axial chords downstream of the leading edge and the inlet plane
was located so that the flow 1 axial chord upstream of the blade was measured. The
details of the design, calibration and resulting accuracy of this custom pneumatic

probe are presented in Section 3.5.

3.2.4 Temperature Measurement

The reference stagnation temperature was measured with a calibrated Guildline 9540

digital platinum resistance thermometer (S/N: 60400, Cal. due: March 14, 2009).

3.2.5 Pressure Measurement

The reference total pressure was measured with a calibrated Druck DPI 142 precision
barometric indicator (S/N: 1422421697, Cal. due: May 26, 2009). The reference
temperature and pressure data were transferred to the host computer via a PCI-
GPIB (NI-488.2) card.

All pressure ports from the instrumented airfoils, the probe and the endwall were
connected to pressure modules of a DSA 3016 HyScan pressure scanner. Each DSA
3016 module has sixteen £103.42kPa (15 psi) temperature compensated transduc-
ers, with an accuracy of +0.05% full scale. The tunnel static and stagnation pres-
sures were measured on the last two transducers of the last module. Transducers
were referenced to the reference total pressure and they were calibrated online, using
a +103.42kPa (15 psi) range calibrated Hyscan SPC 3000 Servo Pressure Calibra-
tor. This calibrator was checked against the DPI 142 instrument, mentioned above.

Transducers were re-zeroed at the beginning of each condition. This arrangement



36

DSA 3016 HyScan Pressure Scanner
Module 1 Module 8
e o9 SPC 3000
-t » Servo Pressure Calibrator

2 10 2 10 15 PSI
¢ & L R
4 12 4 12
5 13 5 13 ;

Stagnation
6 14 6 14 Temperature
7 15 7 Ps GPIB -
8 16 8 PO Stagnation

Pressure

Motor

Figure 3.5: Data acquisition system

is illustrated in Figure 3.5. To minimize uncertainties, end-to-end calibrations were

performed for all instruments involved in testing.

3.2.6 Linear Traverse Mechanism

The transonic flow probe was traversed using a linear traverse mechanism driven by
a 400 step/rev stepper motor connected to a 20rev/in lead screw. The probe could
be rotated about its own axis by means of a manual rotary table. A slot 6.35 mm
(0.25in) wide and 508 mm (20in) long was machined into the western sidewall to
allow the probe to traverse across the third and fourth blade passages. This slot
was sealed with a 19.5mm (0.75in) wide Teflon strip which was fixed to the probe
stem. At the maximum Mach number setting, the suction on the Teflon created too
substantial a resisting force for the stepper motor to overcome. This prevented the
probe from traversing the exit plane. A second sealing strip of aluminum with a slot
only one pitch long was placed between the Teflon and the cascade sidewall to reduce
the force which the pressure was exerting on the Teflon. This arrangement is shown
in Figure 3.6. This modification, along with only traversing in the flow direction,

allowed the motor to completely overcome the suction on the Telfon strip and move
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Figure 3.6: Photograph of linear traverse mechanism

the probe accurately and repeatably. The probe was zeroed along the traverse plane
by using a stencil which was aligned with four of the dowel pin holes used to secure
the blades. For the exit traverses, a line was extended from the trailing edge of the
third blade at the metal angle (76°) and the probe was placed so that the center of
the probe stem was coincident with the point where this line intersected the traverse
plane. This arrangement is shown in Figure 3.7. The probe tip was then aligned
with the metal angle. A similar technique was used to align the probe for the inlet
traverses. In this case, the line was extended one axial chord upstream from the
leading edge and was parallel to the cascade sidewalls.

The exit plane traverses were much finer than those at the inlet plane. The
measurement positions for the exit flow were located at 49 unequally spaced points
along the pitch. Within the wake, measurements were taken every 1% of the pitch.
This spacing grew to 5% of the pitch outside the wake. The inlet traverses took
measurements every 9% of the pitch.

Most traverses were performed from the middle of passage 3 to the middle of
passage 4. The mid-passage locations are shown in Figure 3.7. The location of the

original zeroing point was marked both on the sidewall and as an angular position on
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Figure 3.7: Method of alignment of transonic flow probe

the stepper motor shaft. Using these two markers, the presence of any bias errors in
the probe’s position could be observed when the probe returned to its zero position.
In all cases, the misalignment of the stepper motor shaft from the zero position was
imperceptible. Since one revolution of the shaft corresponded to 0.0635 mm of linear
travel, visual inspection of the shaft alignment allowed the zero position to be checked

with a high degree of accuracy.

3.3 Data Acquisition

The data acquisition system employed in the current experiment performed three
main tasks; gathering pressure information, gathering temperature information and
controlling the traverse mechanisms. The same equipment was used for both mea-
surements within the cascade and the calibration tunnel.

The HyScan pressure scanner was setup to recorded 400 data points per measure-
ment position. Each data point consisted of an average of 20 individual samples. Each
sample was collected over 250 us. Low frequency measurements from both the Druck
DPI 142 and Guildline 9540 were also gathered for every measurement position.

A Velmex stepper motor controller was used to control the linear traverse mecha-
nism used on the transonic linear cascade as well as the angular traverse mechanism
used in the probe calibration facility. The Velmex converted a digital signal contain-

ing the desired number of steps into a control signal to the stepper motor. Since it
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was necessary that the number of steps be an integer, there was a small error intro-
duced as the desired position was converted into steps. To prevent the accumulation
of this small error affecting the results, all traverse positions were set to distances
which corresponded to an integer number of steps.

All the data acquisition and control equipment was controlled by one personal
computer using LabVIEW software. Figure 3.5 shows how the various systems worked

together to collect data and control the experiment.

3.4 Flow Visualization

In addition to pressure measurements, flow visualization was used to examine the flow
behaviour within the nozzle guide vane passage and interpret surface static pressure
measurements. The flow visualization focused on two flow regions which strongly
influenced the overall flow physics of the blade, the trailing edge flow and the shock-
boundary layer interaction on the suction surface. This technique was also used to
examine the extent of flow two-dimensionality in the passage.

One widely used surface flow visualization technique is the oil-film method. This
method consists of coating the airfoil surface with a layer of oil that is mixed with
powdered pigments. The mixture responds to the surface shear stress and hence it
is removed from the surface in attached flows, but accumulates in the regions of flow
separation. In the experiments reported here, a mixture of 15mL of Alkali refined
Linseed oil and 280 mg of Lampblack pigments was applied on the suction surface of
the vane. The oil was applied in an extremely thin layer over the blade surface, with
a minimal amount of oil placed on the leading edge.

Before the oil was applied, the blades were covered with a thin self-adhesive white
vinyl sheet. This gave a uniform background over which the oil could be applied,
enhancing the contrast of the images. The procedure for painting the blades is shown
in Figure 3.8. The first step in the procedure was shown in Frame ‘A’. Applying four
drops of oil from a %in wide paintbrush provided sufficient oil to cover the entire

suction surface. The oil was then spread along the surface of the blade until an even

coating was achieved, shown in frame ‘B’. Any excess oil was removed with a paper
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Figure 3.8: Procedure for applying oil-pigment mixture to blades

towel, shown in frame ‘C’. The oil was then spread in the spanwise direction so that
the brush strokes would not be confused with streamlines. The finished blade is shown
in frame ‘D’.

In supersonic flow, the presence of shock waves complicated the production of
meaningful flow visualization images. The separation bubble, which formed at the
impingement point of the shock wave, entrained some of the oil mixture. When the
flow to the test section was shut off, the oil which had been trapped in the strong
vorticity in the separated region was released and flowed downstream. This would
result in large streaks of oil on the blade surface which were not indicative of the true
behaviour of the flow. This streaking was eliminated using two techniques. The first
was to apply only minimal amounts of oil to the leading edge, since most of the oil
applied above the shock impingement point was entrained in the separation zone. The
second technique was to briefly reduce the tunnel Mach number to a subsonic value
after the supersonic flow pattern was established, and quickly return to the target
Mach number. This swept the entrained oil downstream and the resulting streak was
attenuated once the tunnel Mach number was returned to its original set-point. So
long as the flow only spent fraction of the total test time at the subsonic Mach number,

the resulting image was characteristic of the supersonic Mach number behaviour.
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3.5 Finger Probe

A pressure probe was designed and calibrated at NRC to measure the total pressure,
flow direction and velocity magnitude in subsonic and supersonic flows.

This section describes the various potential designs of transonic pressure probes,
the mechanical design of the NRC finger probe, the facility used to calibrate the

probe, the results from the calibration and a discussion on their accuracy.

3.5.1 Other designs of Transonic Pressure Probes

Various designs of transonic pressure probes have been used in the past for measure-
ments in transonic cascades. Sieverding et al. [56] investigated four different probe
designs in a 1974 report. One design they examined was termed a cone probe and was
very similar to the current finger probe. Sieverding found no major flaws in the design
of the cone probe. However, none of the five probes tested by Sieverding et al. [56]
were found to be in all ways superior to any other design.

Other researchers who examined the wake of turbine blades used other probe
designs. Xu and Denton [69] used a Neptune Probe in their investigation of losses
from transonic turbine blading. The Neptune probe was described by Kiock et al. [35]
and Sieverding [55]. The difference between the cone or finger probe and the Neptune
probe lay in the number of separate sets of tubes, or prongs used to measure the flow
properties. The cone and finger probe used two prongs, one to measure total pressure
and flow direction and another to measure the static pressure. The Neptune probe
measured each of these three properties on a separate prong. All three probe designs
required the flow to be two-dimensional to achieve accurate measurements.

There were some designs of transonic flow probes which measured the flow’s veloc-
ity, total pressure and incidence angle using only one prong. The DFVLR Gé6ttingen
transonic cascade [30, 23, 38] used a modified wedge type probe which was described
in [56]. Povey et al. [48] used a true wedge probe in their transonic cascade measure-
ments. The true wedge probe was the simplest design. However, the disadvantage of

using a true wedge probe in transonic flow was its insensitivity to static pressure in
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Figure 3.9: A view of the NRC finger probe

the transonic region. This was shown by Sieverding et al. [56]. The modified wedge
probe used by DFVLR had adequate static pressure sensitivity across the Mach num-
ber range examined, but suffered from non-linear calibration behaviour [56].

All the probes which have been mentioned presented some degree of difficulty
measuring the static pressure in the transonic region due to the unique behaviour of
the flow over all styles of probes at these speeds. The nature of this issue and how it

may be resolved will be discussed in Section 3.5.4.

3.5.2 Probe Design

The finger probe, shown in Figure 3.9, consisted of two prongs; one three-hole pres-
sure probe to measure total pressure and flow angle and one static pressure probe.
Following a design described by Spaid et al. [62], the three-hole probe comprised of
three stainless steel tubes of 1.07mm outer diameter and 0.68 mm inner diameter.
The three tubes were first soldered together and machined in a plane parallel to the
probe stem. The face angles of the two side tubes were then machined at 45 4+ 0.5°
with a wire EDM (Electronic Discharge Machine). The static probe was made of a
1.07mm diameter stainless tube with a brass tip. Following the design of Huey [32],
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the static probe tip had a 15° cone angle with four equally-spaced 0.25mm holes
drilled at 3.5 mm below the sharp tip. The three-hole and static probe prongs were
35 mm long, from the stem, and 15.9 mm apart. The probe stem was designed to min-
imize the blockage of the test section. The stem was made of a 125 mm long, 6.35 mm
diameter, stainless steel tube terminated in a 40 mm thin wedge-shaped brass body,
where the two probes were mounted. This arrangement allowed flow measurements
with minimal blockage, especially downstream of the cascade. Since the probe holes
were parallel to the vane wakes in the cascade, the effective probe diameter (assuming

two-dimensional flow) was 1.07 mm, giving a probe tip to trailing edge ratio of 0.17.

3.5.3 Calibration Method

The probe was calibrated by recording the four probe pressures over a range of angles
at each Mach number. A set of dimensionless numbers, given in Equations 3.2-
3.8, were created which related these four measured pressures to the three known
flow properties in the calibration tunnel, i.e., the total pressure, static pressure and
flow angle. The static pressure was often presented as a Mach number, calculated
using the true total pressure. The design of the calibration tunnel as well as the
uncertainty in the calibration conditions is presented in Appendix A. One calibration
was performed before the probe was used for wake traverses and one after. These
two calibrations were referred to as the pre-traverse calibration and post-traverse
calibration respectively.

Equations 3.2 through Equation 3.7 were taken from Lewis’ 1965 report [40] on
the use of three hole probes in incompressible flow. The various K factors related
the measured pressures from the probe to key flow conditions: total pressure, flow
angle and Mach number. The K, coefficients were functions only of the measured
probe pressures and were used to determine the flow angle. Once this was known,
Ky3 could be used to determine the dynamic pressure. Subsequently, K; could be
used to determine the total pressure. Equation 3.8 was added to allow the method

of Lewis [40] to be extended to compressible flow.
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K = % (3.2)
o= 7= o2
K ) 5
K= = (35)
Ky = % (3.6)
o= R = =7 57
Ky — 22t (3.8)

In the preceding equations, P, Pgr, P. and P, were the measured probe pressures,
as shown in Figure 3.9. P, and P, were the true total and static pressures measured
in the test section of the calibration tunnel. The procedure for extracting the flow

angle and Mach number using these parameters is given in Section 3.6.

3.5.4 Calibration Results

Calibration charts for the probe were created by calculating the values of Equation 3.2
through 3.8 for every Mach number and angle combination. Figure 3.10 shows the
calibration coefficients for the pre-traverse calibration. Figure 3.11 shows the calibra-
tion coefficients for the post-traverse calibration, which was shown in Appendix A as
the best set of data available.

There was a significant difference between sets of calibration data taken before and
after the traverses. The most obvious difference was the discrepancy between the K;
and K, values at supersonic Mach numbers, as seen in Figure 3.11 and Figure 3.10
. Another, more subtle, difference which was the behaviour of the K, coefficients.
Figure 3.12 shows the K, values for a nominal Mach number of 1.22. The third-
order approximation was the most appropriate for this data. The K curves intersect

at different points for the two sets of calibration data. This is significant since the
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Figure 3.10: Plot of calibration coefficients (before cascade tests)
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Figure 3.11: Plot of calibration coefficients (after cascade tests)
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Figure 3.12: Variations in K, between calibrations

intersection point of the K4, and K,9 curves indicated when P, = Pr and hence
when the pressures are balanced across the probe tip. This shift indicated that the
probe was physically altered over the course of the experiment. This was most likely
caused by early attempts to set the probe angle by placing an inclinometer on the
three hole probe. The slight force that the inclinometer placed on the probe may
have caused it to deflect over time. Because of this, the data from the pre-traverse
calibration was applied to the experiments performed soon after this calibration, while
the post-traverse calibration was applied to experiments performed later in time. A
discussion of the overall accuracy of the probe is given in Appendix B.

Appendix A discusses why data taken at Ma = 1.19 during the pre-traverse
calibration data was not used in the data-reduction. There were also data taken
at Ma = 1.16 which were discarded from data reduction. Figure 3.13 shows how
Ky varied with Mach number at a zero flow angle in the first calibration. There is
a sharp discontinuity between the Ma = 1.16 and 1.18 values. This discontinuity

lead to there being three different Mach numbers which could correspond to certain
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Figure 3.13: Static probe behaviour at zero flow angle

values of K, preventing an unique measure of static pressure. Sieverding et al. [56]
noted this behaviour in the four probes which they examined. However, they made
no mention of how they were able to find a unique value of their static pressure
coefficient, equivalent to Ky, in this region.

The origin of this discontinuity lay in the transonic behaviour of the leading edge
shock on the static pressure probe. According to the analytical work of Taylor and
Maccoll [64], as the the incoming flow to an infinite cone approaches Mach one, a
detached bow shock will form at an infinite distance from the tip of the cone. Once
Mach one is exceeded, the bow shock will move towards the cone tip with increasing
Mach number. At some critical Mach number, the shock will attach to the tip and
behave like an oblique shock wave. The difference in behaviour between oblique shocks
and bow shocks, which can be modeled as normal shocks, would change the static
pressure measured by the static probe enough to cause the discontinuity observed in
Figure 3.13. Solomon [60] compiled data on the Mach numbers where the transition
from bow shock to oblique shock occurred for a variety of cone terminated cylinders

in supersonic flow. The sharpest included cone angle which he examined was 25°.
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Figure 3.14: Shock attachment Mach number

A third-order polynomial was passed through his data, as shown in Figure 3.14, in
order to extrapolate the behaviour at an included angle of 15°. To get a realistic
extrapolation, an additional point was added to force the polynomial to reflect an
oblique shock occurring at exactly Mach one for a cone with zero included angle.
This is the behaviour that Taylor and Maccoll [64] predicted for infinite cones. The
third order fit to this data was justified using the extra sum of squares method, which
showed that there was a 94% probability that the increase in agreement between a
third and second order polynomial was due to the suitability of the third order fit
rather than to scatter in the data.

From Figure 3.14 the change from a bow shock to oblique shock was predicted
to occur at Ma = 1.14 for an included cone angle of 15°. The discontinuity in the
results occurred between Ma = 1.16 and Ma = 1.18 in the current data, presented
in Figure 3.13. Since the behaviour in Kj; changed little with flow angle, figure
Figure 3.13 shows only the data from when the flow angle was zero. Considering that
the Mach number at which the shock was predicted to attach was an extrapolation

from various experimental and theoretical values, it was reasonable to assume that
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the change in shock behaviour from a detached bow shock to an attached oblique
shock was the source of the discontinuity seen in the current probe.

Though the preceding argument described a potential cause for the discontinuity,
accounting for it presented additional difficulties. The challenge lay in the fact that
the correction to obtain the true static pressure from the probe measurements was
dependent on the nature of the shock wave forming on the static pressure probe. The
correction was different for attached and detached shock waves. This problem was
investigated by Kost [36], who added an additional static tap in the wake of the probe
stem. He supported this decision by showing that the base pressure behind a cylinder
varied linearly with Mach number. However, research presented in Section 2.1.3
indicated the relationship may not be as simple at transonic speeds.

Adding an additional static tap to the probe appeared to be a promising solution
since it may not be possible to account for the shock position otherwise. If shock
position were to be accounted for, it would be one of four variables that would need
to be extracted from four pressure measurements (static pressure, total pressure and
flow angle being the other three). Though it may appear that this could be possible by
some unique combination of the four measured pressures, the left and right pressures
in a three hole probe are not independent variables. Therefore there are only three
truly independent measurements from which to extract four independent variables,
which is fundamentally impossible. Adding the static pressure tap in the wake would
provide an additional and independent measurement to allow a fourth variable to be
extracted. Therefore, it was possible that adding an additional static tap in the wake
of the probe stem would allow the finger probe to measure static pressure accurately,
even in the Mach number range where the shock attachment occurred. However,
geometric constraints of the current probe precluded adding an additional static tap
without remanufacturing the entire probe. Hence, it is proposed to design a finger
probe with a base-pressure static tap in the future.

To allow the probe to determine a unique Mach number in the transonic region,
the calibration data from Ma = 1.16 were not used to form the calibration coefficients.

This introduced an error in the measured Mach number. By removing the data at
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Ma = 1.16, the calibration process ignored the discontinuity and linearly interpolated
between the Ma = 1.07 and Ma = 1.18. The maximum Mach number error occurred
when Kj; = 0.45. In this case, flow would be measured as Ma = 1.22 when, in fact,
it could have been only Ma = 1.16, creating and error of Ma = 0.06. If the static
temperature of the flow were 298K, this would correspond to a 18 m/s (5%) error in
velocity at Ma = 1.16. During the second calibration, only one point was collected
between Ma = 1.0 and 1.22. Because of this, the discontinuity in K, values seen

previously could not be observed.

3.6 Data Reduction Procedures

In order to obtain information about aerodynamics of the nozzle guide vanes, the
data collected from the experiments required a significant amount of post-processing.

This section explains how these data reduction procedures were carried out.

3.6.1 Mach Numbers

Much of the data which will be presented about the flow around the blading will be
presented as a Mach number. The Mach number is a dimensionless variable which
relates the local flow velocity to the speed which pressure waves can travel in the local
flow. Flow which has a local Mach number in excess of unity is termed supersonic
flow and has markedly different behaviour than subsonic flow. These differences are
well documented in any compressible flow textbook such that by Anderson [5] or
Oosthuzien and Carscallen [47].

Flows with Mach numbers between roughly Ma = 0.75 and Ma = 1.2 are known
as transonic flows. Though the upper and lower bounds on the transonic regime are
arbitrary, they reflect the fact that flows at these speeds do not behave exactly like
subsonic or supersonic flows. Such flows exhibit their own unique, and often complex,
behaviour as the flow changes from behaving in a subsonic to a supersonic manner.

The Mach number was used in two different ways; the most common was as

a global Mach number. This was a Mach number which was used to represent the
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operating point of an experiment or simulation. The global Mach number was defined
using Equation 3.9. The choice of appropriate characteristic static pressure, Pscpar ,
presented some difficulties which will be addressed subsequently. Unless it is stated

otherwise, references to the Mach number always implies the global Mach number.

P01 ’YT_l
—1 .
(Pschar) ] (3 9>

Another use of the Mach number was as a local Mach number. This was used to

2
v—1

Maglobal -

show local velocities such as on the surface of the blades or in the wake downstream

of the blading. This Mach number was computed using Equation 3.10.

~y—1

POcha'r S
—1 3.10
(Pslocal) ] ( )

In Equation 3.10, the characteristic total pressure, Po.,q,, was often chosen as the

2
v—1

Malocal -

inlet total pressure. The local static pressure, Psj,.., Was the static pressure at the
spacial position where the local Mach number was being evaluated. If the local Mach
number is being used, this will be noted explicitly in subsequent chapters.

The global exit Mach number of the cascade was a non-trivial quantity to compute.
There were four possibilities of reference static pressures which could be used: the
first was a single static tap placed below the first airfoil. This was labeled Ref A
in Figure 3.2. The second was a tap placed downstream of the traverse plane in
the middle of the fourth passage, Ref B in Figure 3.2. A third option was to use
the mean of the downstream static pressure taps. The final option was to use the
minimum value of the downstream static taps. Figure 3.15 shows the exit Mach
number calculated using each choice of characteristic static pressure. All four values
agreed quite closely. However, Figure 3.16 shows the worst case scenario, when the
probe was placed in the flow and located upstream of the Ref B static tap. It can
be seen that this choice of static tap produced an erroneously high reading. For
this reason, the Ref A static pressure tap location was employed in all experiments.
Though this static tap was not in the most physically sensible location, it was immune

to probe interference. Experiments without the probe present showed that this tap’s
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Figure 3.15: Effect of characteristic static pressure on global Mach number without
upstream probe
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Figure 3.16: Effect of characteristic static pressure on global Mach number with
upstream probe

readings were very close to taps in a more physically intuitive position.

3.6.2 Finger Probe Data Reduction

Section 3.5 highlighted the difficulties in obtaining a set of calibration data that
would allow the flow angle and Mach number to be measured accurately. The actual
method of using this calibration data to find these properties in an unknown flow will
be explained here.

In incompressible flow, when the Mach number effects on the probe are negligible,

the flow properties of total pressure, flow angle and Mach number could be extracted



o4

from the four pressure measurements using the method outlined by Lewis [40].
However, the current experiments were not carried out in incompressible flow and
the method of Lewis was modified in order to operate in compressible flows. The
procedure became more complex once the Mach number effects were considered. The
value of P, from the static pressure prong was used to calculate the value of K.
However, K, also varied with angle, so an iterative process was required to determine
the flow angle and Mach number simultaneously. First, the measured Kj; was used to
determine the Mach number, assuming that = 0. Using this guessed Mach number,
the flow angle was determined using the known values of K,; or K9, whichever
was smaller. The Mach number was then calculated again using the new value of «
and the difference between the new and initial Mach numbers was computed. The
process continued until the difference became less than a specific tolerance. For the
data reduced here, this tolerance was set to 0.01. This was a reasonable value for the
tolerance since it was the same as the uncertainty in the test section Mach number.
Once the Mach number and angle were known, the dynamic and static pressures
were calculated. The only added complexity was the need to for linear interpolation
between calibration coefficients to obtain values for the measured Mach number and
flow angle combination. This entire process was automated using a data reduction

program implemented in Matlab. The source code is provided in Appendix E.3.

3.6.3 Mass-Averaged Loss Calculation

In order to determine the the midspan losses in a physically meaningfully manner,

the data from the wake traverses had to be mass averaged.

“For determining losses in turbomachinery flows, mass-averaging, as op-
posed to area- or arithmetic-averaging, is necessary because it produces

integrated results that are consistent with the conservation equations [6].”

The differential mass flow at any traverse location ,(Arn;), could be expressed in

terms of the known wake properties using Equation 3.11



5}

14y
Po; -1 -2y
Arin; = \/Q%Mai cos(a)y /}1_{ <1 + %Mﬁ) (3.11)
Knowing the differential mass flow across the pitch, the mass-averaged value of
any property, (1), could be determined using Equation 3.12
1 .
Jo (Wi Arni)d (2)
fol Ariid (%)

The most important mass averaged property was the mass-averaged total pressure.

P = (3.12)

The total pressure loss was computed by using the mass-averaged total and static

pressure in Equation 2.3.

3.6.4 Mixed-Out Profile Loss Calculation

An alternative method of wake data reduction was a calculation of the mixed-out total
pressure loss, using the process described by Amecke and Safaiik [4]. This method
converts the inhomogeneous measured flow field to a homogeneous flow far down-
stream while conserving mass, momentum and energy. The mixed-out loss method
has some advantages over the mass-averaged method of wake data reduction as it is
independent of the axial location where the traverse is performed. This makes the
mixed-out loss the best measurement for comparison with other researchers’ loss data.

The method described by Amecke and Safaiik [4] had provisions for the intro-
duction of a second species of gas as well as total temperature variations across the
pitch, which were not used in the current computation of mixed-out loss. Though
Section 2.2.2 noted that total temperature variations did occur in the wake, it was
assumed that the fluctuations in total temperature would not affect the mixed-out
value of loss, since the thermal energy in the wake was being redistributed by the
vorticity in the wake rather than being added to the flow.

In order to calculate the total pressure loss in a manner consistent with the defini-
tion used by most authors, given in Equation 2.3, some modification to the equations
given by Amecke and Safaiik were necessary.

Amecke and Safafik, defined their loss term, Camecke as in Equation 3.13. To

transform this into an expression comparable to Equation 2.3, it was necessary to
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know the dynamic pressure at the exit plane, (®). Amecke and Safaiik calculated

this using Equation 3.14.

Po,,

mecke = 1 — 3.13
CAmeck Po, (3.13)
o= % = Eqn.45 in [4] (3.14)

Knowing both Camecke and @, the total pressure loss coefficient, Y; could be com-

puted using Equation 3.15.

_ CAmecke
1-o (1 - CAmecke)

Y, (3.15)

The algorithm used to compute the mixed out loss was implemented in Matlab,

the source code is provided in Appendix E.1.

3.6.5 Entropy Generation

It has been mentioned previously in Chapter 2 that the total pressure loss coefficient,
(Y:), though the most common method used to quantify loss, was not the more
meaningful measure of the blade’s performance. The generation of entropy, defined

in Equation 3.16, was a better overall measurement.

_ 2 ()

(=i (3.16)

Assuming;:
e [deal gas.

e Adiabatic flow through the passage with no work extracted.

3.7 Flow Quality within the Transonic Linear Cascade

A linear cascade attempts to simulate the two dimensional flow over an infinite row of
blades. This is meant to be indicative of how the flow would behave at a given cross

section of a real three-dimensional blade. Before any investigation of the aerodynamic
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performance of a blade within a cascade can be performed, it was necessary to examine
how closely the cascade came to replicating two-dimensional periodic flow at mid-
span.

To quantify this, three parameters were examined: the flow periodicity /uniformity,
the similarity in suction surface pressures, and the flow two-dimensionality. The inlet
flow uniformity and outlet flow periodicity were measures of how close the passages
being examined came to recreating the behaviour which would be expected in an
infinite blade-row. An ideal inlet flow for a nozzle guide vane would have uniform
flow across the pitch, while the ideal flow at the exit would repeat itself periodically
from passage to passage. Similarity of the pressure distributions on the suction surface
of the blades was another measure of flow similarity between passages. The flow two-
dimensionality indicated if there were any changes in the flow’s velocity or direction
across the spanwise. The linear cascade was designed to have two dimensional flow

around the midspan.

3.7.1 Periodicity/Uniformity

Two tests were performed to quantify the degree of outlet flow periodicity and inlet
flow uniformity in the cascade. The first set of tests were measurements of the inlet
and outlet sidewall static taps located respectively one axial chord upstream and 1.4
axial chords downstream of the leading edge. Using these static taps, the upper and
lower tailboards were adjusted to achieve the best possible periodicity.

After the tailboards were adjusted, the inlet and exit flow was traversed with
the finger probe which resolved the local flow angle and Mach number. Detailed
probe traverses were a much better measure of the flow conditions in the cascade.
The following sections describe the adjustments which were made to the cascade to
achieve periodic flow and the resulting flow quality measured by the finger probe. To
examine the improvement in periodicity, the flow quality was compared to an initial
case, where the upper and lower tailboards were set to the blade metal angle of 76°.
Additionally, the north and south boundary layer bleeds were adjusted so that wool
tufts, placed upstream of the first and sixth blades’ leading edge, showed the flow
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entering the end passages axially.

3.7.1.1 Inlet Flow

The inlet flow measured for the initial case is shown in Figure 3.17. The vertical
axis presents dynamic pressure coefficients, C'q, which normalized the local dynamic
pressure by the mean dynamic pressure at the inlet, as shown in Equation 3.17.

Po — Ps;
0- % > i Ps(l,i)

The data in Figure 3.17 show a flow bias toward the south of the cascade. It was

p— ;].
Cq 5 (3.17)

found that no adjustment to the north or south boundary layer bleed, nor to either
upper or lower tailboard could produce a significant difference in this distribution.
Neither did it change significantly with Mach number.

More detailed measurements, taken with the finger probe, are shown in Fig-
ure 3.18. They show the total pressure, the flow angle and the local Mach number
across two pitches of the inlet plane. The pressure field upstream of the blades were
clearly visible in this figure as well as the strong southward bias in flow direction,

indicated by the flow angle remaining less than zero across the pitch.

3.7.1.2 Exit Flow

The exit flow measured for the initial case is shown in Figure 3.19a. The southward
bias in C'q, observed at the inlet, was also present at the exit. Also, the depth of
the velocity deficit in the wake regions varied between passages. To remedy this,
the lower tailboard was relocated relative to the trailing edge of the first blade, as
shown in Figure 3.2. Originally the tailboard was adjacent to the trailing edge with a
small,(~ 3 mm), positive step. This would prevent the proper shock structure forming
behind the first blade, which would affect the suction surface of the second blade by
changing its shock structure and this effect would propagate across the blade-row. If
a sufficient number of blades were present, a periodic flow would eventually establish
itself. However, since the current cascade had only six blades, it was important to

set the shock structure of the first blade as accurately as possible. For this reason,
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Figure 3.17: Sidewall static pressure measurements in the inlet plane at Ma = 1.16

the tailboard was lowered by 20mm. This would allow a shock structure that was
similar to the characteristic pattern described in Section 2.1.2. This shock pattern
was different from those of the other airfoils, since the boundary layer development
on the pressure surface of the first blade was different than those on other airfoils.
Figure 3.19b shows that by adjusting the tailboard location independently of the
angle, the periodicity was improved.

However, the exit flow in Figure 3.19b showed room for improvement, therefore a
range of upper and lower tailboard angles were examined over Mach numbers between
Ma = 0.1 and Ma = 1.4. It was found that with the lower tailboard in its new
position, one set of upper and lower tailboard angles provided acceptable outlet flow
periodicity over the Mach number range examined. The lower tailboard was set at
14.5° £+ 0.2° and the upper tailboard was set at 9.4° £ 0.5°. Figure 3.19¢ shows the
exit flow at Ma = 1.16 and Figure 3.19d shows the exit sidewall C'q distribution at
Ma =0.1, Ma =0.8, Ma=1.16 and Ma = 1.43.

The detailed outlet traverses taken of the blade wake showed that the periodicity of
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the cascade was not perfect. Both the depth and the width of the total pressure deficit
within the wake were slightly different between the two measured passages. However,
significant flow features such as shock waves, which appeared as discontinuities in the
data, were in similar locations in both passages. To quantify the overall performance
of the blades in both passages, the mixed-out and mass-averaged total pressure losses,
described in Section 3.6, were computed for each passage. The relative difference
between the north and south passages was presented in Table 3.2. The difference in
losses between the two passages were on the order of 2.5%. It could be concluded

that there was an acceptable degree of flow similarity was acheived in the cascade.

Table 3.2: Comparison of Averaged Wake Values From North and South Passages

] H Mixed Out \ Mass Averaged ‘

North || 0.1501 0.1521
South || 0.1538 0.1560
Diff. —2.47% —2.56%

3.7.2 Suction Surface Static Pressures

An additional indication of flow periodicity was to examine the difference between
the surface static pressure distribution on two different blades within the cascade.
This method was used by Lepicovsky [39] in his examination of the periodicity of
the NASA transonic flutter cascade. This approach showed not only the overall
similarity between the the flow in the two passages, but highlighted where the major
differences occurred. Figure 3.21 shows the effect of three different tailboard settings
on the differences between the suction surface static pressure distribution on blades
3 and 5. The location of these blades was shown in Figure 3.2. Figure 3.21a shows
the distribution for the initial case. Figure 3.21b shows the effect of lowering the
tailboard. Figure 3.21b shows the effect of optimizing the upper and lower tailboard
angles. The vertical axis in Figure 3.21 showed the difference in the static pressure
on both blades normalized by the pressure measured on blade 5. The attenuation of

fluctuations in the normalized Mach number error due to optimizing the tailboard
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angles was not as apparent as the resulting improvement in the periodicity of the
sidewall static pressure taps.

The suction side static pressure measurements, together with the sidewall static
pressure measurements, provided a reasonable measure of the outlet flow periodicity.
It was important to note that the region of the largest discrepancies in the suction

surface pressures occurred between 60 and 70 % of the pitch, (0.6 s to 0.7 s).

3.7.3 Flow Two Dimensionality

In addition to having a periodic flow within the passages being examined, it was also
necessary to confirm the assumption that the flow could be approximated as two-
dimensional at the mid-span plane. A qualitative measure of flow two-dimensionality
was obtained using surface oil-flow visualization. The results for a variety of Mach
numbers are shown in Section 5.1. However the the pattern obtained at Ma = 0.7 is
shown in Figure 3.22.

In this image, the flow direction is from top to bottom. The secondary flow
regions on two extremes of the span were clearly visible. It could be seen that the
secondary flow presented a certain amount of blockage to the main flow. This blockage
affected streamlines outside the secondary flow zone slightly. However, it was noted
that that by the time that the flow reached the mid-span, the surface streamlines
were all parallel and the flow appeared to be two-dimensional. Two dimensional
flow appeared to exist for more than 50% of the span A more qualitative measure of
flow two-dimensionality was obtained by examining the Axial Velocity-Density Ratio

(AVDR), defined in Equation 3.18.

fol Am?d%

my

AVDR = (3.18)

This ratio sought to quantify the amount of blockage that secondary flows in-
troduced into the passage. In a passage without blockage, the integral of the axial
momentum, or product of axial velocity and density, would be identical at inlet and

exit. However, in any real blade passage, the blockage introduced by secondary flows
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Figure 3.22: Blade surface flow pattern at Ma = 0.7

would cause the axial momentum at the midspan of the exit plane to be higher than
at the inlet to allow for equal mass flux in both these planes. The AV DR quantified
this increase.

The AV DR measured in the current experiments is shown in Figure 3.23. The
AV DR was slightly less than unity for all measured Mach numbers. This was not a
physically meaningful result since it implied that less mass was exiting from the mid-
passage plane than was entering. However, the uncertainty bands on the measured
values of AV DR were sufficiently wide that they extended to values greater than unity.
The calculations for the propagation of uncertainty for the AV DR measurements are
shown in Appendix C. The measured AVDR values close to unity indicated that
secondary flows had a limited effect on the overall flow through the blade passage.
The combination of flow visualization and AV DR measurements showed that the

cascade had two dimensional flow over a significant portion of the blades’ span.
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3.7.4 Probe Interactions

Intrusive measurements, such as pressure probes, had the potential to significantly
affect the flowfield by creating a blockage, especially in transonic flows. The effect of
the probe on the blade surface Mach number distribution was shown in Figure 3.24.
This figure compared the surface Mach number distribution on the fourth and fifth
blades when the finger probe was located at three different positions along its tra-
verse plane. The positions were: 0.0 s, the mid-wake position, 1.0 s, and a position
labeled whistle. This was a point where, at high Mach numbers, a audible whistle was
heard. This figure shows that there were some differences between the Mach number
distributions, but they were small and concentrated in the shock affected region of
the blade which was a region of highly unsteady flow.

Another way of examining the effect of the probe on the overall flow was to show
the history of the characteristic exit Mach number as the probe was traversed across
the outlet measurement plane. This is presented in Figure 3.25 for a test at a nominal
exit Mach number of Ma = 1.16. It could be seen that there was an increase in the
global Mach number as the probe entered the wake region. When the probe stem was
within the blade wake, the effective displacement thickness of the probe wake and
blade wake were coincident, thus the blockage caused by the probe was reduced. As
the probe re-entered the mid-pitch flow there was a corresponding deceleration in the
characteristic exit Mach number. This showed that the probe did slightly affect the
overall flow though the cascade. However, it was important to note that the effect

only changed the Mach number by approximately Mach 0.03 at worst.



Local Isentropic Mach Number, [-]

Local Isentropic Mach Number, [-]

1.0
O 0.0s
A wake = @@
> wistle | @ e
08 o 1.0s e g
G ~Bel @@
[+]
0.6 o}
[]
©
0.4 ° &
2] o
02 ° °
# ©
o o ©°0 ©
00L&
0.0 0.2 0.4 0.6 0.8 1.0
Axial Chord, [-]
(a) Ma=0.7
1.6
fesh
1.4
=5
B !
1.2 e
Lo & wt
9
1.0 o g o
0.8 = s
0.6 e =
e}
0.4 o e
& o ©
0.2
@ © a6 o
o
0.0Iﬁ
0.0 0.2 0.4 0.6 0.8 1.0
Axial Chord, [-]
(¢c) Ma =1.16

Local Isentropic Mach Number, [-]

Local Isentropic Mach Number, [-]

1.2

1.0

0.8

0.6

0.4

0.0

69

6 60

[>]

]

©

Q

A

60 °

0.0

1.8

1.6

1.4

1.2

1.0

0.8

0.6

0.4

0.2

0.4 0.6 0.8 1.0
Axial Chord, [-]

(b) Ma=1.0

LN

[~}

[»]

]

©

60

0.2

0.4 0.6 0.8 1.0
Axial Chord, [-]

(d) Ma =1.31

Figure 3.24: Effect of probe position on surface Mach number distributions



1.190

H
%g

0a

0

—1.185

0

=
[EEN
(o]
o

=
[EEN
\'
(63}
]

!_\
=
~
o

0o O
&

=
[ERN
(o2}
(63}
]

Isentropic Exit Mach Number,
oG
O

1.160
iy

1.155
0.0

02 . 04 .06 .08 1.0
Normalized Pitchwise Position, [-]

Figure 3.25: Effect of probe position on cascade Mach number

70



Chapter 4

Computational Setup

Numerical investigations were performed to supplement the experimental data by al-
lowing the flow within the blade passage to be examined quantitatively, as well as to
provide some inference on the unsteady flow phenomenon. All the computations were
carried out using a commercial Computational Fluid Dynamics (CFD) software pack-
age, Fluent 6.3, without any modifications to the code. Therefore, the computational

results also demonstrated the predictive ability of modern CFD software.

4.1 Governing Equations

The Fluent software solved for the conservation of mass, momentum and energy at
each cell. The governing equations for two dimensional compressible flow in Cartesian
coordinates are given in Equation 4.1 through 4.4 in the manner used by Vuillez and

Veuillot [66].

oUu OE OF
D T I 4.1
ot or T oy (4.1)
where:

[ p

o | 1
- o

w? + P — T,

E = p puv . Tmy (43)
| (B p)u — UTpy — UTay
- o

B PUV — Tyy

F= pv* + P — 1y, (4.4)

i (B + p)v — uTyy — 0Ty,
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and:
2 ou Ov
Taz = 3H (Q% - 6_y) (4.5)
ou Ov
= e 4.
1
By =e,+ 5:0(“2 +0?) (4.7)

The solver modeled the turbulence within each cell using a Reynolds Averaged
Navier Stokes (RANS) approach, which required some form of turbulence model.
The k —w model was found to be more appropriate for use with internal compressible
flows. This turbulence model used two equations to track the transport, generation
and destruction of two properties: the turbulent kinetic energy, k, and the specific
turbulent dissipation rate, w [27]. These two properties could be used to model how
turbulence affected the flow. The specific implementation of the & — w model which
was chosen was the Shear Stress Treatment (SST). Menter et al. [31] stated that this
model was better suited for transonic flows with shock waves than the standard k& —w
model. The SST model, developed by Menter [42], used the standard k& — w model of
Wilcox [67] near the wall, and the k — ¢ model in the free-stream. This formulations
allowed each turbulence model to be used in the regions of flow where it was most
applicable.

Several fluid properties were allowed to vary based on local conditions, while others
remained fixed. The density was modeled using the ideal gas law and the viscosity
related to the local temperature with the Sutherland viscosity law. Other properties;
such as the specific heat capacity and thermal conductivity, were set as constants and

initialized at sea level ambient values.

4.2 Numerical Model

A finite volume approach was used to solve the governing equations. The solver used
the conservation of mass and energy to evaluate the density rather than the pressure.
Such density-based solvers are more suitable for transonic and supersonic flows [27].

In Fluent 6.3 the density-based solver was a coupled solver, meaning that it solved the
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conservation of mass, momentum and energy in a single step rather than sequentially.
The solver also formulated the governing equations implicitly rather than explicitly.

The solver evaluated the gradients between cells using the Green-Gauss node-based
approach which, in an unstructured grid, is preferable to a cell-based approach [27].
The governing equations were discretized using a second-order upwind scheme. This
second-order scheme reduced the magnitude of the discretization error of the model
compared to a lower-order scheme. In the unsteady solutions, second-order accurate
discretization over time was employed.

Simulations were performed on flows which were invariant in time as well as those
which were time-dependent as shown in Table 4.1. The time-invariant solutions were
referred to as steady or RANS solutions while the time-dependent solutions were
termed unsteady or URANS. Variations of flow properties over time were computed
in both the steady and unsteady solutions. In the steady solutions, the effects of the
boundary conditions propagated through the domain until a converged time-invariant
solution was obtained. Essentially, one iteration was treated as a time step in the
steady solution. For the unsteady solutions, the fluctuating behavior of the flow was
modeled at fixed time steps. Between each time step, the solution was iterated until
a converged and locally time-invariant solution was obtained. Therefore, in unsteady
solutions, there were effectively two time steps: one true time step which was used to
model the unsteady behavior, and one local time step which modeled how the changes
between true time steps propagated through the domain.

Tests showed that the size of the local time steps taken by the solver, when
obtaining a time-invariant solution, was a very important criterion for the stability
of the solution and for the rate of convergence. This time step was quantified by the
Courant-Friedrichs-Lewy (C'F L) number [37]. It is defined in Equation 4.8.

At;

FIL =y, —* 4.
C ix o (4.8)

The C'F'L number relates how far the flow traveled in one local time step (u; At;) to
the local grid spacing, (Az;). Note that time steps were analogous to iterations when

computing a time-invariant solution. If the C'F'L number was less than unity, the flow
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would take more than one iteration to pass through each cell. This increased both
the stability and the convergence time. In the present simulations a C'F'L number of

5 was found to combine fast and accurate solution convergence with good stability.

4.3 Boundary Conditions

The solution domain was a single blade, bounded by upper and lower periodic bound-
aries which followed the blade’s chord line. The domain is shown in Figure 4.1 with
the mesh suppressed. The flow rate through the domain was set by the constant
pressure inlet and exit surfaces. The total pressure at the inlet was set as the sea
level ambient total pressure, 101.325 kPa. The pressure at the exit was set to be the
static pressure which corresponded to the desired exit Mach number for the specified
inlet total pressure.

Initial tests showed that the computational results did not correctly predict the
stagnation point on the blade. Section 3.7 showed that there was a significant, 5
to 6°, off-design incidence angle in the cascade. Therefore, the inlet flow was set at
the measured mass-averaged inlet flow angle, which is given in Table 4.2 for each
Mach number examined. For cases where no inlet flow angle was available, the angle
measured at the closest exit Mach number was used. This resulted in a much improved
prediction of the flow over the blades. The Mach numbers at which the steady and
unsteady simulations were performed are given in Table 4.1.

The turbulence properties were set at the inlet. A turbulence intensity of 0.2% and
a length scale of 0.001 m were chosen. These values were similar to the turbulence
properties which would be excpected to be present at the inlet of a suction-type
cascade drawing from a room filled with still air. These same values were used by

Currie and Carscallen [18] in their simulation of an identical blade.

4.4 Solution Procedure

Each case was initialized so that the entire domain was at the exit static pressure,

and the velocity vector was set at the inlet angle. The solution was initially unstable
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Table 4.1: Exit Mach numbers for CFD simulations

’ Mach Number \ Steady \ Converged Residual \ Unsteady ‘

0.3 Vv 2.54 x 107°
0.5 v 3.23 x 1074
0.7 Vv 3.79 x 1074 vV
0.9 Vv 3.23 x 1074
1.0 Vv 2.02 x 1073
1.16 Vv 3.26 x 1074 V
1.31 Vv 1.98 x 1076
1.40 v 2.81 x 1076
1.50 v 8.07 x 107°
1.60 Vv 8.22 x 107°

Table 4.2: Inlet flow angles

Mach Number 0.3 0.7 116 1.31
Mass-Averaged ay || -3.99 -4.49 -4.37 -4.94

and required the C'F'L number to be reduced to 0.5 and for first-order upwind dis-
cretization to be used. After every 1000 iterations, the C'F'L number was increased
by approximately 150% until it reached a value of 5. This value was chosen since
it was large enough to allow the solution to converge but was small enough to pre-
vent uncontrolled oscillations. After 3000 iterations, the discretization scheme was
changed to second-order upwind to improve the accuracy of the solution.

Each case was run until convergence. At low Mach numbers, convergence was
defined a the point past which the normalized residuals from the continuity equation
were close to 10~ in magnitude and had stopped decreasing appreciably after multiple
iterations. As the Mach number was increased, no plateau in the residual was observed
after many thousands of iterations. In these cases, convergence was defined as the
point where the residual in the continuity equation became less than 107%. The
normalized residual after the final iteration for each steady case is given in Table 4.1.

The unsteady simulations were initialized using the converged steady solutions.
Carscallen et al. [10] determined that the shedding frequency of the blades was ap-

proximately 10 kHz. To obtain around twenty time steps per shedding cycle, a time
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step of 2.5 x 107%s was used. During each time step, the solution was iterated until
the residual in the continuity equation dropped below 10~7. This residual threshold
was typically obtained after 100 iterations. The C'F'L number was retained at 5 for
the unsteady simulations. With a C'F'L number of unity, initial tests failed to develop
vortex shedding. The unsteady simulations converged to a periodically unsteady solu-
tion. This was determined by monitoring the base pressure. Once this pressure began
to behave in a sinusoidal manner with increasing time steps the unsteady solution

was deemed converged.

4.5 Mesh Quality

The mesh applied to the domain is shown in Figure 4.2. The majority of the mesh was
unstructured with quadrilateral cells. However, there were structured regions of the
mesh placed at the inlet, in an internal zone downstream of the trailing edge as well
as in the boundary layer region around the blade. The structured zone in the wake
extended almost to the trailing edge boundary layer mesh, as seen in Figure 4.2. This
section of structured grid also extended twenty trailing edge diameters downstream.

The boundary layer properties are also shown in Figure 4.2. These properties are
before grid refinement. The only grid refinement used was to reduce the dimensionless
near-wall grid spacing, y*, on the pressure and suction surface such that its value

was less than unity. This was necessary for the k — w scheme to work accurately.

45.1 Grid Independence study

To ensure that the mesh was sufficiently fine that the solution was a function of only
the boundary conditions rather than the mesh density, a grid independence study was
conducted. A Mesh was generated with 157% the number of cells as the mesh used
for the steady and unsteady solutions. This refinement resulted in a 7.7% change in
the mixed-out losses at Ma = 1.16, from Yt = 1.69 in the coarse grid to Yt = 1.77 in
the refined grid. This showed that the mesh was sufficiently dense to be independent
of grid spacing effects.
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4.6 Post-Processing

The results from the unsteady predictions of the flow within the blade passage were
analyzed to create images similar to those produced by the schlieren photographic
method. Schlieren photography creates an image whose intensity is proportional
to the rate of change of the density field in a direction perpendicular to a knife-edge
placed in the light beam which is traversing the flow. For most of the images presented
in subsequent sections the knife-edge was simulated as being set at the exit angle of
79°, as in the high quality schlieren images produced by Sieverding [57]. However,
in some cases, rotating the knife-edge 90° from this setting led to better definition of

the shock waves.



Chapter 5

Results

Several different experimental and computational investigations were performed on
the cascade to examine the behaviour of the flow through the blading under investi-
gation. The details of how the various experimental methods were implemented were
addressed in Chapter 3. This chapter will focus on the results from the individual
tests while Chapter 6 will assemble the entire set of experimental and computational
results to describe the overall flow through the blade passage.

There were five different investigations performed on the blades: blade surface
static pressure and base pressure measurements, traverses of the inlet and exit flow
and oil-film and schlieren flow visualization. The experimental data were supple-
mented by steady (RANS) and unsteady (URANS) computational simulations. Ta-

ble 5.1 shows the Mach numbers at which the various tests were performed.

Table 5.1: Test Conditions

Exit Mach Number ; g g ; g g ; g g 2 : S 2 : 2 S :
Surface Pressure Vv v v v v Yy Vv Yy Vv YV Vv VvV

Base Pressure VI VANV VA

Exit Traverse v/ v Vv ARV

Inlet Traverse vV vV vV v

Flow Visualization v/ V v VoY

RANS vi vi vi v oV v Vv Vv vV VY
URANS Vv i

Due to the design of the cascade, the Reynolds number was varied along with
the exit Mach number. Table 5.2 shows the Reynolds number corresponding to each
test’s exit Mach number assuming an exit plane temperature of 298 K. The Reynolds
number computed in Table 5.2 was based the nominal exit velocity and the true chord

length as the characteristic properties, as shown in Equation 5.1.

80
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Table 5.2: Variations of Reynolds number

’ Ma ‘ 1:{eModel RleEngine ‘
0.70 | 2.65 x 10° 0.0903 x 10°
1.00 | 3.79 x 10 0.129 x 10°
1.16 | 4.40 x 10° 0.150 x 10°
1.31 | 4.50 x 10° 0.169 x 10°
1.40 | 5.31 x 10 0.181 x 10°

Re

:Ma2 V")/RTcharC (5 1)
v

Table 5.2 also lists the Reynolds number at the same exit Mach number but with
air at 1400 K and using an engine representative length scale. This was meant to be
an approximation of the blade Reynolds number in a real engine.

Between 0.7 < Ma < 1.4 the model Reynolds number varied between 2.65 x 10°
and 5.31 x 10°. Though this represented a doubling of the Reynolds number, val-
ues remained in a range characteristic of fully turbulent flow. However, the model
Reynolds number was an order of magnitude larger than the engine Reynolds number.
This may mean that the behaviour of the flow over the blades, especially within the
boundary layer, may be different between the cascade model and the engine. This
could have an effect on how the flow would react to adverse pressure gradients on the

blade and to shock-boundary layer interactions.

5.1 Surface Flow Visualization

The oil-film images, taken at four different Mach numbers, are shown in Figure 5.1.
The oil flow technique gave a qualitative measure of the wall shear stress on the
suction surface of the blade. Darker regions on the blade represented regions where
there was a low wall shear stress, while lighter regions showed a higher shear stress.
However, very light regions also occurred where the vortical structures within regions
of separated flow entrained the oil from the blade surface.

There are two scales placed along the right hand side of the images. The outer-

most scale shows the normalized suction surface length, while the inner-most scale



82

shows the percent of axial chord. The static pressure tap locations are shown as red

lines on the inner-most scale.

5.1.1 Subsonic Flow at Ma = 0.7

The subsonic flow over the blade is shown in Figure 5.1a for a nominal Mach number
of 0.70. This figure showed that the flow was two dimensional at the midspan as the
secondary flows at the two endwalls only extended 14% of the span into the passage.
At approximately 0.55 C,, there was a dark, low shear stress, region which persisted
across the span of the airfoil. This feature showed that at this axial location, some
feature of the flow or the blade’s geometry disturbed the boundary layer so that the
wall shear stress was reduced, perhaps sufficiently to promote separation. The cause
of this disturbance will be discussed in detail with reference to the static pressure

measurements in Section 5.3.

5.1.2 Transonic Flow at Ma = 1.16

The behaviour of the blade at design conditions is shown in Figure 5.1c. At approx-
imately 0.58 C, there is a dark line visible on the blade. The throat of the blade
passage is approximately at this location. This discontinuity in the oil-flow pattern
occurred at approximately the same location as the low-shear region observed in Fig-
ure 5.1la. The origins of the discontinuity observed at supersonic Mach numbers will
also be addressed in Section 5.3.

Further downstream, at 0.68 C,, a lighter zone was visible. This is the region
of shock impingement from the adjacent blade which caused the flow to separate.
One interesting phenomenon which was observed in the oil-flow images at this Mach
number was the presence of a vortex whose axis of rotation appeared to be normal
to the blade surface. This vortex occurred in the region where the developing horse-
shoe vortex interacted separated flow. A detailed oil flow image of this feature is
shown in Figure 5.2. This phenomenon did not appear in the subsonic flow shown in

Figure 5.1a, however there was some evidence of it in Figure 5.1b and Figure 5.1d.
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(a) Mach 0.70 (b) Mach 1.00

(c) Mach 1.16 (d) Mach 1.31

Figure 5.1: Oil-film flow visualization results
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Figure 5.2: Vortex observed at Mach 1.16

The mechanism driving this vortex’s formation is not yet understood. Since these
vortices were located close to the cascade sidewalls, they were not detected by any of

the subsequent tests which focused primarily on the mid-passage flow.

5.2 Passage Flow Visualization

It was important to investigate the general behaviour of the flow within the passage
to understand the details of the local flow-fields on the blade surface and in the wake.
This was accomplished using new computational studies and archival schlieren images

from previous studies performed on the same cascade.

5.2.1 Experimental Schlieren Images

Previous experimental programs undertaken in the NRC transonic linear cascade
have produced many high quality schlieren images. In Chapter 3, it was noted that
there was a small difference between the old and new blades in the as-manufactured
geometry of the trailing edge. The details of how the schlieren images were produced
were given by Fleige [26]. These images have been previously published in [26, 10,
18, 29]. Figures 5.3a, 5.3b and 5.3c show the passage flow at Ma = 0.7, Ma = 1.0

and Ma = 1.16, respectively. These images showed the salient features of the passage
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flow. These features will be examined in more detail with reference to computational

results which allowed a more qualitative comparison with the experiments.

5.2.1.1 Subsonic Flow

The subsonic flow thorough the passage is shown in Figure 5.3a. This image shows
a distinct von Kérman vortex street in the wake of the blade as well as a series
of acoustic waves which traveled upstream through the passage. These waves were
observed experimentally by Sieverding [57] using high speed schlieren photography.
Sieverding stated that the waves were formed by the outward motion of the the
separating shear layer on the trailing edge. This meant that as the flow traveled
around the trailing edge, it would eventually lack sufficient momentum to remain
attached in the face of the large adverse pressure gradient. This would cause the flow
to separate. The separated shear layers oscillated due to the vortex formation at the
trailing edge. As the shear layer moved towards the pressure or suction surface, it
compressed some of the core flow which formed a subsonic compression, or acoustic,
wave. Since the passage flow was subsonic these waves could propagate upstream.
This behaviour was also observed in the unsteady computational simulations of the

flow at Ma = 0.7.

5.2.1.2 Transonic Flow

At sonic conditions, Ma = 1.0, Figure 5.3b shows a normal shock wave across the
passage. As in the subsonic case, the flow at Ma = 1.0 exhibited von Karman vortex
street in the wake of the blade.

As the Mach number was increased to design conditions of Ma = 1.16, the char-
acteristic supersonic wake structure, described in Section 2.1.2 was observed. Lighter
regions at the start of the trailing edge, labeled (B) showed the expansion waves
formed as the flow was turned around the trailing edge. Before these expansion
waves, an oblique shock labeled (A) was observed, of which there was no evidence in

either the oil-flow images, the surface static pressures or the computational results.
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Figure 5.3: Experimental schlieren images
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This shock will be discussed subsequently. Distinct lines (C) defined the strong shear
layers which separated the base triangle from the rest of the low. The base triangle
was concluded by two oblique shock waves which originated at the point of conflu-
ence (D). The oblique shock which emanated from the pressure side of the blade(E)
impinged on the adjacent suction surface. The suction side oblique shock (F) did not
interact with any blades.

Section 3.1.2 noted that there was a slight variation in geometry between the
experiments of Carscallen [8] and Fleige [26] and the current blade. This imperfection
at the trailing edge may have been the cause of the first oblique shock emitted from
the pressure surface. This behaviour has been observed by Sonoda et al. [61] who
noted that a small, in this case negative, step on the pressure surface caused an
oblique shock to form upstream of the trailing edge at supersonic exit Mach numbers.
It is therefore likely that the small positive step on the pressure surface of the blades
used in previous experiments may have caused the flow to turn away from the blade
surface and initiated the oblique shock wave which was labeled (A) in Figure 5.3c.

The images in Figure 5.3 also showed the development of the vortex structure in
the blade’s wake. Figures 5.3a and 5.3b both showed a von Kédrman vortex street in
the wake of the blade. Figure 5.3c also showed distinct vortices in the wake but they
did not have the same classical von Karman structure as was observed at lower Mach

numbers. This behaviour was discussed in Chapter 2.

5.2.2 Computed Schlieren Images

The experimental passage flow visualization was supplemented by computational pre-
dictions of the passage flow. Chapter 4 discussed the calculation procedure and post-
processing for the computational results. The unsteady passage flow at Ma = 0.7
and Ma = 1.16 are shown in Figure 5.4 and Figure 5.5 respectively. The results from
the remaining steady simulations are shown in Appendix D. These images were an-
notated with the percent axial chord attached to the blade’s suction surface and the
percent pitch attached to an axial plane 1.40 C, downstream of the blade’s leading

edge. This allowed a qualitative comparison with the experimental measurements.
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Additionally, the simulated angle of the knife edge was shown by a roundel placed on
one of the blades.

5.2.2.1 Subsonic Flow at Ma = 0.7

The computational prediction of the unsteady flow field at Ma = 0.7 is shown in
Figure 5.4 for a converged solution at a time step where the flow was exhibiting peri-
odically unsteady behaviour. The same distinct von Karman-type vortex structures
were seen in this image as in those taken by Fleige [26].

Additionally, Figure 5.4 shows the unsteady acoustic waves, discussed with refer-
ence to Figure 5.3a, propagating upstream through the passage and interacting with
the adjacent blade’s suction surface. It appears that an acoustic wave was reflected
off the suction surface when the adjacent blade’s acoustic wave interacted with it.
Though Figure 5.4 showed this interaction occurring at 0.57 C,, the unsteady results
showed that the acoustic wave first impacted the suction surface at 0.65 C, and both
the incident and reflected wave traveled upstream along the suction surface. There-
fore, this interaction cannot be solely responsible for the low shear stress observed

locally at 0.57 C', in Figure 5.1a.

5.2.2.2 Transonic Flow at Ma = 1.16

The results from the unsteady computations performed at Ma = 1.16 are shown
in Figure 5.5. An additional shock is observed in Figure 5.5 of which there was no
evidence in the oil flow images, though it was visible in the experimental schlieren.
This shock occurred about 0.85 C, and joined with the reflected pressure surface shock
wave to intersect the traverse plane at approximately 0.1 s. Some of the experimental
schlieren images taken at Ma = 1.16, such as Figure 5.3¢c, did show a normal shock
occurring at this location. This shock is labeled (G) in Figure 5.3c. However, there
were several other images gathered at the same speed where the normal shock did
not appear.

Figure 5.5 also showed an interesting region of low gradient which stretched across
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Figure 5.4: Computed passage flow field at Ma = 0.70
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Figure 5.5: Computed passage flow field at Ma = 1.16
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Absolute Gradient of Density [kg/m°/m]
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Figure 5.6: Detailed view of Total Gradient at the Passage Throat for Ma = 1.16

the passage between 55 and 60%C,.. This region was where there was an unexplained
dark line deposited in Figure 5.1c. Figure 5.6 shows a closeup view of the magnitude of
the two dimensional density gradient within the passage. There is a local region of low
total density gradient centered at 0.57 C,, which was coincident with both the passage
throat and the discontinuity in Figure 5.1c. This behaviour will be discussed with
reference to the static pressure distributions in Section 5.3. The slight discontinuity

in the contours at the mid-passage was an unavoidable artifact of the post-processing.

5.3 Blade Surface Static Pressure Distribution

Pressure and suction surface static taps permitted a detailed examination of the
flow over a blade. Due to manufacturing limitations, only one side of a blade was
instrumented. Therefore, the data which will be presented contain measurements from
the pressure surface of the third blade and the suction surface of the fourth blade.
Additional computational data on the behaviour of the flow over the blade were
available from the computational studies described in Chapter 4. When available,

the computational results were compared to the experimental data.
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There were various methods for normalizing static pressure data. In low-speed
flow, the static pressure coefficient has typically been used. However in transonic and
supersonic flows it was more useful to determine a local Mach number, which was an
approximation of the local velocity on the blade. The local Mach number gave a good
indication of the flow behaviour since it shows both the acceleration of the flow and
approximately how close the local flow was to becoming sonic. The uncertainty in the

measurements of the local Mach number were found to be negligible (see Appendix C).

5.3.1 Subsonic Flow

Figure 5.7 shows the surface Mach number distributions for the test conditions with
a subsonic exit Mach number. The flow accelerated up to the throat of the blade, at
0.57 C,, and proceeded to slow as it entered the expanding region of uncovered flow
turning. Past 0.65 C, the low suction surface curvature created a parallel channel,
resulting in an essentially constant velocity region up to the trailing edge. In this
region, the large total pressure losses in the wake made the Mach number defined in
the base region meaningless. The flow in the base region will be more thoroughly
examined in Section 5.4.

Both steady and unsteady RANS calculations were performed with a nominal exit
Mach number of Ma = 0.7. Figure 5.8 compares the measured surface Mach number
distribution to the RANS prediction. This figure shows that excellent agreement
was obtained across the blade at a subsonic Mach number of 0.7. By using the
experimentally measured mass-averaged inlet flow angle, the stagnation point was
properly predicted. The agreement remained excellent across the pressure and suction
surface, this will be contrasted to the behaviour at supersonic Mach numbers.

In Section 5.1.1 it was noted that oil flow image produced at Ma = 0.7 showed
that there was a dark region extending across the span of the blade in the region of
0.57 C,. The cause of this disturbance could not be explained by the oil flow images
alone. However, the local static pressure data allowed better inferences about the flow
in this region. Another factor which explained this region of flow was the slope of the

suction surface profile, which is shown in Figure 5.9. Though the flow near a curved



0.3
| > Ma,0.19
o Ma,0.10
0.25f
- | >
o > > >
o 0.2F > >
Q > |22 ng ng e o e P O =
1S L >
2 >
= 015 >
5]
S I > >
= o [eYele}
® 0.1 > 0000000 00 DO
o o
o | o o
- le) >
o
0.05p- 0 o
> o
b > o
D> D> > > O o
O‘Q‘Ol‘qpl‘l‘l‘l‘l‘l‘
0 01 020304050607 0809 1
Percent Axial Chord, [-]
(a) Ma=0.1to Ma=0.2
1
= Ma,0.70
I > Ma 0.60
Ma,0.50 | o B
0.8 o o
L s
o o > %o L oge”
) Bo,0008 0 o
B . o o
E06F o0 Tobppppb b b >
=1 g SN
zZ <o &
- I g 006 45000 0% a8®
S EREPN > o
S 041 > g ©
T 5o° ”
Q I o o
318 :
- u]
0.2 .8
1 s F ©
& 8 &8
ole 1 v 1 v 0 011 )
0 01 02 03 04 05 06 07 08 09 1

Percent Axial Chord, [-]
(¢) Ma=0.5t0 Ma=0.7

0.6
L Ma,0.40
Ma,0.30
0.5
o o
—_— S|
l;_. I = o
E)04_ DDDDDDDDDD DDEDD
Qo o o
e | A A
2 & ] 44
A o
% 0.3} N AAAANAA A A Amﬁ
g - o A o,
T:\g 02F 4 & A
3 re o a
0.1 b a A
h o A
| o a
R a R R4
0 TR ISR T TN T SIS A IR INE NI !
0 01 02 03 04 0_.5 06 07 08 09 1
Percent Axial Chord, [-]
(b) Ma=10.3to Ma=04
1.2
v
L v Ma_0.89 J
o Ma,0.80 v
l | vy o
q
—_ | BV guvv
— vvV Y% q
o vogv7Y 5
80.8— . Oggpoo DDVEEDD
£ L " o
=
< 0.6 g v
gt .
- B g
8 0.4 "
o
| r = =
0.2 K
% o’
T g g 8 Y
0 T - TN T T TS A ISV R NI N1
0 01 02 03 04 05 06 0.7 08 09 1

Percent Axial Chord, [-]
(d) Ma =0.8 to Ma =10.9
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Figure 5.8: Measured and predicted surface Mach number at Ma = 0.7
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Figure 5.9: Local slope of suction surface

wall reacts to the local radius of curvature, the local slope of the suction surface was
found to be a quantity which was easier to calculate and was strongly related to the
local radius of curvature. Therefore, the slope of the suction surface profile Figure 5.9
shows how the blade was influencing the flow close to the wall, which was what the
oil flow and local static pressure measurements were sensing. It could be seen that
the slope changed abruptly at the throat.

This change in curvature could cause a local deceleration, which would, in turn,
cause an adverse pressure gradient. Past 0.57 C,, the measured and computed load-
ings in Figure 5.8 showed just such a deceleration and increase in static pressure.
This could result in a local decrease in the velocity gradient normal to the wall, and
thus the wall shear stress, as the flow came close to separating. It appeared as though
the flow did not separate since there was no isobaric region on the measured blade
loadings and the oil flow did not show a light region across the span, indicative of a
separated shear layer at higher Mach numbers. A low shear stress region would not
have the ability to remove as much oil from the surface as elsewhere on the blade and

would leave a dark region on the surface, as was seen in Figure 5.1a. Additionally, if



96

the flow did not separate, the wall static pressure would not be significantly affected
by a low shear region. This may explain why there were no notable discontinuities in

Figure 5.8 at the throat.

5.3.2 Transonic Flow

Data taken at an exit Mach numbers between Ma = 1.0 and 1.4 showed a new
pattern of loading which was driven by the unique behaviour of transonic flows.
These experimental results are shown in Figure 5.10. The Mach number distribution
up to the passage throat was identical in all the supersonic cases, showing that the
passage was choked.

The local Mach numbers diverged past the throat, where the expanding passage
in the uncovered region accelerated the supersonic flow. As in the subsonic cases, oil
flow images showed a discontinuity at the throat, which will be discussed shortly.

The acceleration along the suction surface ended abruptly. The oil flow results
indicated that the acceleration was terminated by an oblique shock wave impinging
on the suction surface. The location of this impingement point as seen in the oil flow,
computational passage visualization, and the surface Mach number distribution are
shown in Table 5.3. The surface static pressures also showed evidence of this shock
wave impingement. The shock waves appeared as sharp decreases in the local surface
Mach number. However, the shock was not a sharp discontinuity, as inviscid theory
would predict [63]. Viscous effects spread the property changes across the shock over
a finite area. After the initial pressure rise across the shock wave, there was also
some evidence for a small region of separated flow. This was indicated by having two
points with a similar static pressure, which was lower than the surrounding fluid, as
would be present in a separation bubble. This behaviour was seen in the Ma = 1.16
data. However, recall that Section 3.7.2 showed the greatest blade-to-blade variations
in surface static pressure occurring in this region. Therefore, there was also greater
uncertainty in the local static pressure downstream of the shock.

For many of the supersonic exit Mach numbers, after the shock-affected region,

the static pressures stabilized at a nearly constant level up to the beginning of the
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Figure 5.10: Local Mach numbers for transonic flow

Table 5.3: Shock position determined by various methods

| Method | Uncertainty || M1.0 M1.16 M1.3 |
Oil Flow +2.5%C, 0.65 0.7 0.7
Computation +0.05%C: 0.65 0.71 0.73
Surface Pressure | £2.5%C, 0.64 0.7 0.72
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trailing edge. For the Ma = 1.0 to Ma = 1.2 cases a Mach number plateau had been
reached by 0.80C,. However, in the Ma = 1.3 and Ma = 1.4 cases, there was no
Mach number plateau and the flow continued accelerating up to the trailing edge.

The comparison between the steady computational results and experimental re-
sults for Ma = 1.00, 1.16 and 1.31 can be seen in Figure 5.11. Figure 5.12 shows a
more detailed view of the region downstream of the shock wave impingement, where
the isobaric region indicative of flow separation can be seen more clearly. The agree-
ment between the predictions and experiment was not as good as for the subsonic
case shown in Figure 5.8. Though the computations accurately predicted the stagna-
tion point as well as the pressure surface and most of the suction surface, they failed
to properly model the shock boundary layer interaction and the flow that developed
downstream of it.

The computations performed at Ma = 1.16 and Ma = 1.31 showed an isobaric
region downstream of the shock, similar to that predicted in the theoretical models
of shock induced boundary layer discussed in Section 2.1.2. However, the magnitude
of this predicted behaviour was not in agreement with the measurements. For all
cases, after the predicted point of reattachment, the computed local Mach number

distribution did not return to the levels measured experimentally.

5.3.2.1 Flow Behaviour at Throat

At transonic speeds, the oil flow images showed a thin line of oil remaining on the
blade at the throat. Unapparent in the subsonic flow, the local static pressures showed
a discontinuity at this location. In all the Mach numbers shown in Figure 5.10 there
was a small drop in Mach number past the throat before the flow continued accel-
erating in the expanding region. This drop could be explained by again examining
the suction surface slope shown in Figure 5.9, where there was a sharp discontinuity
at 0.57 C,. For supersonic exit Mach numbers, the flow was sonic at the throat and
thus the flow behaved differently than in the subsonic case described in Section 5.3.1.
Supersonic flow reacts to any form of discontinuity by creating a shock or expansion

wave. In the design of supersonic aircraft, great pains are taken to ensure that the



2.00

Ma=1.00 Experiment
————— Ma=1.00 Computation
A Ma=1.16 Experiment

180 - . Ma=1.16 Computation A
O Ma=1.30 Experiment
—| ———— Ma=1.30 Computation K
1.60 &
N
I
1.40
s
2 1.20
@
o
c |
=)
Z
< 1.00
Q
©
=
©
(&}
o
4

0.80
P

0.60

0.40 /

0.20 @/@/@/

0.00 | | | | |

0.00 0.20 0.40 0.60 0.80 1.00
Normalized Axial Chord [-]

Figure 5.11: Measured and predicted surface Mach number at Ma = 1.0- 1.31



Local Mach Number, [-]

100

2.20 ‘ ‘ ‘
210 O Ma=1.0 Experiment |
T Ma=1.0 Computation
2.00 i A Ma=1.2 Experiment |
O L S S Ma=1.2 Computation |
B O Ma=1.3 Experiment
1.80 /ﬂ\ Ma=1.3 Computation |-
1.70 / A
i N \ K ]
1.60 i i
,1 A A
! /5 SR
1.50 / ' \u
1.40 \A‘ 5 - »
130} /& N ﬁ/\ R
B m(\ .\\. \ é A\ A \\ZS*
1.20 /&4 : R } -
1.10 B el
PG el
100 N - «m, X /fu\ m\\k(
. i O\ O -~ \;) \/ - N @
\\_ /O\\, ) =
0.90 - Isobaric Region
0.80 ‘ | A T R B ‘

060 065 070 075 080 085 090 095 1.00
Normalized Axial Chord, [-]

Figure 5.12: Detail of Figure 5.11



101

rate of growth of the craft’s streamwise cross section has no discontinuities to avoid
generating unnecessary shocks; this is known as the area rule [5]. A similar effect
may be influencing the behaviour at the throat of this vane, where the rapid change
in the slope may have induced a shock wave to form. However, as the Mach number
was very close to unity in this region, the shock wave would have to be quite weak.
It was only able to slightly reduce the Mach number and perturb the boundary layer

sufficiently to effect a small decrease in wall shear stress.

5.4 Base Pressure

The base pressure was measured using three static taps located in the trailing edge
region. One tap was located at the point where the chord line intersected the trailing
edge arc and was referred to as the trailing edge tip location. The other two were
located towards the pressure and suction sides of the trailing edge.

The three static taps in the trailing edge region showed distinctly different be-
haviour than those on the rest of the blade once the exit Mach number exceeded
Ma = 0.8, as seen in Figure 5.7. At these speeds, the low static pressure in the
trailing edge region caused the three trailing edge static taps to read a Mach number
significantly higher than that in the constant velocity region observed along the final
0.40 C, of the suction surface. The three pressures measured in the trailing edge
region were not always similar for each Mach number. This was predicted by the
experiments performed by Sieverding[57], which were discussed in Section 2.1.3.

Since there were large spatial variations of static pressure within the trailing edge
region, the mean of the three measured static pressures would be characteristic of no
one location on the trailing edge but rather of the entire trailing edge flow. However, in
almost every experiment which measured the base pressure, the pressure was recorded
using a single static pressure tap at the trailing edge tip [7, 69]. Therefore, to obtain a
measurement of base pressure which was most comparable to that of other researchers,
only the pressure at the trailing edge tip was used.

The most common method of normalizing the base pressure was the base pressure

coefficient, C'p,, defined in Equation 2.5. The base pressure was recorded experimen-
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tally for a range of Mach numbers between Ma = 0.1 and 1.4. The CFD predictions
extended the upper end of the range to Ma = 1.7. Figure 5.13 shows the results from
the current experiments, as well as the steady and unsteady computations.

The experimentally determined base pressures remained roughly constant up until
Ma = 0.6. Past this point, there was a sharp decrease in base pressure with a
minimum occurring at Ma = 0.8. This was followed by a recovery of base pressure
back to the Ma = 0.6 levels at Ma = 1.4. This behaviour was in good agreement
with Carscallen et al. ’s [10] previous measurements on this cascade. For a different
cascade, Corriveau and Sjolander [16] observed a minimum in base pressure at an
exit Mach number of Ma = 1.0 followed by a mild recovery with increasing Mach
number.

The computational results showed a similar behaviour. However, the base pressure
coefficient only began to decrease sharply past Ma = 0.8, and the magnitude of the
Cpp, minimum was smaller than experimentally observed. It is important to note

that while there was no vortex shedding in the steady simulations, the base pressure
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minimum was still observed at approximately Ma = 1.0. The base pressures time
histories from the two unsteady simulations are shown in Figure 5.14. The mean
base pressure over two periods from both the URANS simulations were computed and
shown in Figure 5.13. The subsonic and supersonic base pressures showed significantly
different behaviour. The unsteady Ma = 0.7 simulation predicted a significantly lower
base pressure than was those measured experimentally. The Ma = 1.16 simulations,
however, predicted an almost identical base pressure.

The frequency of the periodically unsteady behaviour was 7.91 kHz at Ma = 0.70
and 13.91kHz at Ma = 1.16. These frequencies corresponded to Strouhal numbers,
defined in Equation 5.2, of St = 0.207 at Ma = 0.70 and St = 0.220 at Ma = 1.16.

f¢te
MGQ\/’}/RTSQ

These values agreed well with the behaviour expected from a cylinder, where the

St = (5.2)

Strouhal number remains around St = 0.21 for a wide range of flow conditions [37].
The Ma = 0.70 values also agreed well with frequency measurements performed
by Carscallen et al. [10] which recorded a Strouhal number of 0.20 at this speed.
However, at Ma = 1.16, Carscallen et al. 's measured Strouhal number of 0.35 did
not agree the CFD prediction.

The experimental data on the blade’s base pressure were compared to the empiri-
cal correlation developed by Sieverding [58]. Though Section 2.1.3 showed that there
was another applicable base pressure correlation developed by Boles and Sari [7], the
Sieverding correlation is more commonly used, was easier to implement and predicted
the base pressure more accurately. This correlation determined the base pressure us-
ing the exit Mach number and blade geometry. The blade geometry was characterized
by the suction side curvature angle, €, and the trailing edge wedge angle, ;.. Both
these values were defined in Section 3.1.2. The blade under investigation had a value
of %(e—i-éte) = 7.5. Figure 5.15 compares the experimental data to the trend predicted
by the Sieverding correlation for a blade with %(e +0s.) = 8. Note that the horizontal
axis is the ratio of the static-to-total pressure at the cascade exit and is thus inversely

proportional to Mach number. The computed and measured base pressures agreed
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results

quite well with the Sieverding correlation compared to the agreement obtained by

other investigations.

5.5 Wake Traverses

Although blade surface pressure distributions were important in understanding the
passage flow behaviour, they could not fully describe loss generation of the blade.
Chapter 2 showed that the flowfield downstream of the blade’s trailing edge is com-
plex. To examine the behaviour of the trailing edge flow, the wake properties down-
stream of the blade-row were measured over a range of subsonic and transonic Mach
numbers. To evaluate the losses, the traverse data were mass-averaged using the two
methods discussed in Section 3.6. These traverses covered only the third passage.
The experimental data were also used to examine the accuracy of the computational
results.

Traverses were performed at five different exit Mach numbers, though only three

sets of data will be discussed in detail. The data taken at Ma = 0.3 and Ma = 0.7
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were characteristic of the subsonic flow while the data taken at Ma = 1.16 showed all
the major features of transonic flow. The local values of the normalized total pressure,
flow angle and Mach number for these three exit Mach numbers are given in Figures
5.16 to 5.18. Data from the other traverses can be found in Appendix D. Detailed
analysis of the wake traverses was necessary to confirm that the experimental and
computational results showed physically meaningful behaviour before averaging the
wake data.

The normalized pitchwise distance, used as the independent variable in all the
wake plots, corresponded to the scale and datum attached to the traverse plane in
Figure 5.4. The normalized pitchwise distance started at the mid-passage before the
suction side of the blade and extended to the mid-passage past the pressure surface.
The midpoint of this axis, 0.5 s, was the location where a line projected at the metal
angle from the trailing edge intersected the traverse plane. A layout of the traverse
region was shown in Figure 3.7.

Recall from Chapter 3 that the probe was mechanically aligned with the exit metal
angle of the blade at the traverse plane. There was an inherent error of approximately
+1° in this method. This uncertainty led to a bias error between the experimental and
computational results. This error was easiest to quantify using the Ma = 0.3 data,
since they showed the smallest variations of flow angle across the pitch. Figure 5.16b
shows that there was a constant positive one degree bias across the pitch. It was
decided however, not to adjust the experimental results to account for this bias. This

error was one factor in the disagreement between the experiments and computations.

5.5.1 Outlet Flow Angles

The mixed-out flow angles, computed according to the method of Amecke and Safafik[4],
are shown in Figure 5.19. The experimental and computed angles were plotted as
a function of the exit Mach number, along with three different empirical predictions
of the blade’s outlet angle. Almost all the measured and computed flow angles were
larger than the blade metal exit angle, implying over-turning of the flow by the

blade. This was an unexpected result as Dixon [24] stated that flow over-turning
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Figure 5.16: Measured and computed Wake flowfield for Ma = 0.30
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almost never occurs in a turbine blade. When over-turning does occur, it is almost
always in regions close to the hub or tip which are strongly affected by secondary
flows. This apparent over-turning was also observed by Moustapha et al. [44] in their
examination of the flow within the blade passage currently under investigation.

Since it was not physically sensible for over-turning to occur at the midspan of the
blade, the derivation of the metal angle was re-examined. The stated value of the exit
metal angle, 76 °, was obtained from the work of Carscallen [8]. To check this value,
the metal angle was calculated graphically, as shown in Figure 5.20. In this figure, a
line was extended perpendicular to the suction surface in a region, close to the trailing
edge of the blade, where the pressure and suction surface were almost parallel. This
line would be intersected by the chord line close to its midpoint. Therefore, the
midpoint of this line was connected with the trailing edge tip to approximate the
exit metal angle. This method produced an exit metal angle of 78.3°, closer to the
gauging angle of 78.8° than to the original metal angle.

There was additional evidence that the original value for the blade’s metal angle

was incorrect. Almost all correlations to predict the exit flow angle are based the
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Figure 5.20: Graphical determination of the exit metal angle

gauging angle, defined in Equation 3.1. One of the original correlations between
gauging angle and exit flow angle was developed by Ainley [2]. A more modern
correlation, designed to be extended to higher Mach numbers, was developed by
Chen [13]. Both these correlations, shown in Figure 5.19 predicted an exit flow angle
greater than current blade’s metal angle while on almost all other blades, they predict
and exit angle less than the metal angle. This suggests that the original value of the
exit metal angle was not indicative of how far the blade was actually turning the flow.

Therefore, though the blade had a metal angle of 76°, there was evidence that the
blade was trying to turn the flow closer to the gauging angle of 78.8°. In light of this,
it was understandable that majority of the mixed out flow angles fell between these
two bounds.

If the the gauging angle of 78.8° was treated as the metal angle, the flow behaved
as would be expected in the wake of transonic blading. In the mid-passage there was
a region of constant under-turning. The flow began to approach the gauging angle
within in the wake region. This was the behaviour observed by Corriveau [15] in the
wake of several different designs of transonic blading. At Ma = 1.16, the local flow
angle exceeded the gauging angle within the wake. This local over-turning has also

been observed in other cascades with transonic exit Mach numbers by Prust [50].
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Another feature seen in the Ma = 1.16 data was the presence of a shock wave at
0.65s. This resulted in an abrupt change in flow angle. This shock can be seen to
pass trough the traverse plane at the same pitchwise position in Figure 5.5.

This examination of the local flow angle showed that the flow behaved in a phys-
ically sensible manner, despite the initial appearance of an unusual degree of over-

turning.

5.5.2 Total Pressure

The total pressure was presented as the local total pressure normalized by the cas-
cade inlet pressure, so as to remove the effect of day-to-day variations in ambient
conditions from the results. The total pressure deficits observed in the experimental
and computational wakes was an indication of loss generated within the wake. The
local minimum total pressure was the location of the center of the wake, where the
most entropy had been generated.

There was a discrepancy in the location of the total pressure minimum between
the experimental measurements and computed predictions which grew with increasing
Mach number, as shown from a comparison of Figures 5.16a, 5.17a and 5.18a. The
experimental results showed the wake center intersecting the traverse plane at less
than 50% of the pitch (0.5 s), implying that the wake was turned less than 76 °. This
contradicted the flow angle measurements. The computational results had the wake
centre located past 0.5 s, showing better agreement with the flow angle data.

The discrepancies between the experimental total pressure and angle data could
be described by a simple reversal of the horizontal axis. However, this was most likely
not the source of the error, due to the excellent agreement in the pitch-wise location
of shock waves in Figure 5.18b. The reason for this discrepancy, therefore, remains
unresolved. However, it should be noted that the position of the wake centre was
quite sensitive to the exit flow angle. A change of 1.5° in as could result in a 0.1s

change in the wake centre location.
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5.5.3 Mass-Averaged and Mixed-Out Results

Using the two data reduction methods described in Section 3.6, the performance of the
blade was examined over the range of investigated Mach numbers. Blade performance
could be defined either as the total pressure losses, shown in Figures 5.21a and 5.21c,
or the normalized entropy generation, shown in Figures 5.21b and 5.21d.

Examining the total pressure losses, the mixed-out losses were always greater or
equal to the mass-averaged losses. This was to be expected as the mass-averaged
losses did not examine the mixing required to transform the inhomogeneous flow in
the traverse plane into a homogeneous flow at some distant point downstream.

The measured total pressure losses and entropy generation recorded at Ma = 1.31
showed an unusual trend in Figure 5.21. The magnitude of these losses were extremely
small considering the exit Mach number at which they were measured. Additionally,
they were significantly smaller than predicted by the computational models. These
abnormally small losses may have partially been the result of the probe calibration.
The maximum Mach number at which the probe was calibrated was Ma = 1.22.
Figure 3.11 showed that the total pressure correction, K7, was strongly dependent on
Mach number past Ma = 1.00. The data reduction algorithm linearly extrapolated to
find calibration coefficients when the local Mach number fell outside the calibration
range. FExamining the trend in K; versus Mach number in Figure 3.11, it could be
seen that it exhibited almost exponential growth with Mach number. Therefore, the
probe data reduction may have been significantly under-estimating the amount of
compression occurring in the bow shock which formed upstream of the probe, and
thus reporting an erroneously large total pressure across the traverse. This would
lead to an under-prediction of the losses.

Aside from the data at Ma = 1.31, the computational predictions of the losses
showed fair agreement with the experimental values in the transonic range, especially
the mixed-out values. However, the computational prediction of mixed-out losses was
significantly higher than the measurements in the lower subsonic range (Ma = 0.3

and Ma = 0.5).
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The mass-averaged loss from the computations showed a consistent under-prediction
of the loss. The large discrepancies, seen at low Mach numbers between the predicted
and measured mixed-out losses, were not present in the mass-averaged data. However,
at the highest Mach numbers (Ma = 1.6 and Ma = 1.7) the mass-averaged losses
showed a decrease which was opposite to that of trends reported from other cascades
such as [30, 15]. Therefore, as the exit Mach number differed significantly from the
design Mach number of Ma = 1.16, for which the solver settings had been optimized,
the accuracy of computed mixed-out and mass-averaged losses were questionable.

Figure 5.21c shows the uncertainty bands on the mass-averaged total pressures
losses. At low Mach numbers, the uncertainty in the losses was extremely large, while
in the transonic range the uncertainties were more reasonable. The propagation of
uncertainties for the mass averaged total pressure losses is shown in Appendix C.

The focus of the present work was the flow behaviour in the region between Ma =
0.7 and Ma = 1.16. In this region, the computational and experimental results
revealed an interesting behaviour. The magnitude of both the total pressure losses,
Y;, and entropy generation, (, grew with increasing Mach number to reach a local
maximum at Ma = 1.0. Past Ma = 1.0 there was a slight decrease in losses. This
decrease was most pronounced in the entropy generation and the least pronounced in
the computed mixed-out total pressure losses. The trend in the computed mixed-out
losses, Y;, showed that the losses began to increase rapidly past Ma = 1.40.

The most interesting part of these data was the apparent decrease, or plateau, in
loss between Ma = 1.0 and Ma = 1.4. The mechanism driving this behaviour will be
discussed in Chapter 6, as well as how to exploit this behaviour in designs of other

transonic blades.



Chapter 6

Discussion

6.1 Transonic loss Behaviour

In Section 5.5, it was reported that both the mass-averaged and mixed-out losses
reached a local maxima about Ma = 1.0. Depending on the type of investigation
and averaging method, the losses decreased, or at least remained constant up until
Ma = 1.4. This loss behaviour was a very interesting phenomenon. It implied that
there would be a negligible penalty or even a slight benefit to increasing the exit Mach
number of this vane to values greater than the design point of Ma = 1.16. Higher
exit Mach numbers from this stator vane would allow the turbine stage to extract
more work from the flow as this would increase the tangential momentum entering

the rotor.

6.1.1 Confirming the Behaviour of the Losses

Before discussing the possible causes of this loss behaviour, it was important to as-
certain that it was a real effect. In the present experiments, two repeats of wake
measurements were performed, though only the latter set had been presented in
detail. Between the two sets of measurements, the cascade was disassembled and re-
assembled. The magnitude of the total pressure loss coefficient measured in each set
differed between 5% and 12%. Therefore, the plateau was an repeatable phenomenon
in the data.

Additionally, in 1990, Carscallen[8] measured the losses from an almost identical
cascade. He employed an entirely different type of instrumentation, and reported area-
averaged rather than mass-averaged or mixed-out loss values. The data presented in
[11, 8, 10] showed a distinct loss minimum at close to Ma = 1.3. Graham and
Kost[30], using a different cascade, also observed a local loss maximum about Ma =

1.0 and a local minimum at a higher transonic Mach number. For a mid-loaded
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turbine cascade, Corriveau [15] measured and computed a loss plateau in this Mach
number range. Also, Povey et al. [48] noted a plateau in loss past Ma = 1.05. The
fact that four independent experiments observed a loss decrease, or plateau, past
Ma = 1.0 adds credence to the argument that the current observation of a transonic

loss plateau was a real effect.

6.1.2 Possible Causes for the Minimum

Chapter 2 outlined the major sources of two-dimensional midspan losses, namely:
boundary layers, shock waves and their interaction with the suction side boundary
layer, and the base pressure and associated wake mixing. The following discussion
will address how each effect could contribute to the trend in the total pressure loss

from the vane examined in this investigation.

6.1.2.1 Boundary Layer Losses

Mee et al. [41] described the relative importance of boundary layer losses on the
overall loss from transonic turbine blades. They showed showed that the contribution
of the undisturbed boundary layers to the overall loss varied little over the range
of Mach numbers investigated, and those variations were monotonically decreasing.
It was assumed that the boundary layer losses on the current blades would exhibit
similar behaviour of those examined by Mee et al. [41], due to their general flow
and geometric similarity. Therefore, it was likely that the origin of the overall loss

behaviour was not a due to the losses incurred by the undisturbed boundary layers.

6.1.3 Shocks and Shock Boundary Layer Interaction

Though the shock waves lead directly to the generation of a great deal of entropy,
their effect was monotonically increasing and thus could not be the driving force
behind the transonic loss plateau. For this reason, the more complex phenomenon of
shock-boundary layer interactions has been identified as a more likely source of the

loss behaviour.
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Graham and Kost [30] attributed the decrease in losses observed in their cascade
past Ma = 1.0 to the shock boundary-layer interactions on the suction surface of the
blade. They suggested that the expansion wave, which formed at the peak of the
separation bubble, turned the flow towards the blade and accelerated reattachment
(Figure 2.4). When the shocks were perpendicular to the blade at Ma = 1.0, there
was no reflected wave and thus the separation bubble was largest. As the shock angle
increased, the expansion wave became stronger, reducing the size of the separation
bubble. This led to a reduction in losses up to Ma = 1.15. Past this minimum value,
though there was a strong expansion wave to promote reattachment, the incident
oblique shock interacted with the boundary layer so far along the blades’s suction
surface that there was insufficient blade surface left for reattachment to occur. The
losses grew continuously past this point, due both to the separated flow and the
increasing amount of entropy generated by the shock waves.

The shock-boundary layer interaction appeared to affect the current blading dif-
ferently. Though the point of shock wave impingement did move downstream as the
Mach number increased, the effect was to move the impingement point from 0.65 C,
at Ma = 1.0 to 0.74C, at Ma = 1.4. This behaviour was observed in the oil film
images, local static pressure distributions and computational results. All three tech-
niques showed that the separated shear layer re-attached on the suction surface of
the blade. The highest experimental Mach number was 1.40, and the RANS com-
putations showed that past this Mach number, the losses began to increase. The
computational results predicted that by Ma = 1.7 the point of shock-boundary layer
interaction would be at 0.80 C, and the flow would reattach to the suction surface.
This indicated that the mechanism driving the growth of the losses past the local
minimum was most likely not the departure of the separated shear layer from the
blade surface observed in the blading used by Graham and Kost [30].

However, it was difficult to determine whether the incident shock angle had an
effect on the size of the separation bubble as Graham and Kost claimed [30]. The
static pressure taps were too coarse in the separated flow zone to describe the size of

the separation bubble accurately. The images in Figure 5.1 show that there were, at
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best, three static taps in the region where the oil flow images showed evidence of sep-
aration bubbles. Dietrichs [23] had better success at characterizing shock-boundary
layer interactions on turbine blades. He had nine static taps in this region. The com-
putational predictions gave clearer indications of the flow behaviour in the separated
shear layer, but their poor agreement with experiments downstream of the shock wave
made the information they provided suspect.

One attribute of shock-boundary layer interactions which may have had a miti-
gating effect on the overall losses was the effect of shock waves on the downstream
boundary layer. In cases when flow reattached to the blade, the boundary layer
which developed downstream of the impingement point would be thicker and gener-
ate more entropy than an undisturbed boundary layer. As the shock wave impinged
further downstream, the blade area under the influence of this thicker boundary layer
decreased, reducing the boundary layer losses [30]. However, this effect could only
cause the losses to decrease with a growing exit Mach number, and therefore cannot
be solely responsible for the more complex trend which was observed.

Though there was unquestionably shock-induced boundary layer separation occur-
ring on the suction surface, there was evidence that it was not the only driving factor
of the loss behaviour in the current cascade. At all Mach numbers examined, the
separated shear layers re-attached to form separation bubbles. Additionally, the oil
film visualization and surface Mach number measurements showed that the separation

bubbles were relatively small.

6.1.4 Base Pressure

The final of source of losses within the cascade was the base pressure loss. Recall from
Section 5.4 that the base pressure coefficient decreased past Ma = 0.6, increasing the
magnitude of the base pressure loss. The base pressure coefficient experienced a
minimum at Ma = 0.9 before returning to its subsonic value at Ma = 1.4.

This decrease in base pressure loss past Ma = 0.9 may have helped offset the ever-
increasing amounts of entropy generated in shock waves as the exit Mach number

increased. Past Ma = 1.4 the steady computational predictions of base pressure
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showed that it did not grow as rapidly with increasing Mach number. This meant
that past Ma = 1.4 there was less of a decrease in base pressure losses to offset the
growing increase in entropy across shock waves. This may have been one of the key

reasons that the losses began to grow past Ma = 1.4, as shown in Figure 5.21a.

6.1.4.1 Interactions

The potential existed for the base pressure loss to be influenced by the shock-boundary
layer interaction occurring on the suction surface. To discuss how this may occur,
it is necessary to describe the relationship between boundary layer thickness at the
trailing edge and the base pressure.

A model of how separated shear layers from a cylinder interact to form a vortex
street was given by Gerrard [28]. The details of his theory are beyond the scope of this
work, but Cicatelli and Sieverding [14] noted one significant implication: Gerrard [28]
defined the formation point of a vortex as the location where the vorticity present at
the outer part of one shear layer had migrated across the wake and interacted with
the opposite shear layer which had opposing vorticity. This behaviour is shown in
Figure 6.1. At the point where the two shear layers met, the opposing vorticity of
the interacting shear layers would cancel each other and a distinct vortex would be
shed. Gerrard [28] stated that the frequency of vortex shedding would be reduced by
the growth of the diffusion length, defined as the sum of the cylinder diameter and
boundary layer displacement thicknesses.

However, the current computational studies appear to show the opposite trend.
From the URANS base pressure time histories, the frequency of the Ma = 1.16
simulations was greater than at Ma = 0.7, when the boundary layer was much
thinner. However, it should be noted that at Ma = 1.16 the two shear layers within
the wake did not merge until they traveled some distance downstream, showing that
the thick boundary layer had suppressed aggressive vortex shedding at Ma = 1.16.
This is despite the high frequency, low amplitude fluctuations in base pressure from
the Ma = 1.16 unsteady calculations.

The effect of the shedding frequency on the base pressure is less well understood.
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Figure 6.1: Gerrard[28] model of vortex formation.

Sieverding and Heinemann [59] noted that the base pressure could vary by as much as
20% between blades with the same dimensionless shedding frequency. Motallebi and
Norburry [43] also measured the base pressure and shedding frequency, or the Strouhal
number, at a range of Mach numbers in the transonic regime. They found that a large
drop in base pressure was accompanied by an increase in shedding frequency. Past
Ma = 1.2 there was an increase in base pressure corresponding to a slight decrease
in shedding frequency. This trend has also been observed by Rowe et al. [53]. Using
a blunt-ended flat plate, they were able to examine the effect of increasing boundary
layer thickness on the Strouhal number and the base pressure coefficent. They noted
that an increasing displacement thickness caused a decrease in Strouhal number and
a corresonding increase in base pressure. Therefore, there was strong evidence that
the disruption of vortex shedding casued by a thicker suction surface boundary layer
may have lead to an increase in base pressure.

The implications of this theory extends to the design of subsonic blading. If the
disruption of trailing edge vortex shedding has a benefit in terms of base pressure loss
reduction, then all designs of blading may benefit from an increased boundary layer
thickness at the trailing edge. For subsonic blades, where there are no incident shock
waves to disturb the boundary layer, a similar effect may be obtained by promoting
early transition using high local curvature early on the blade, as done by Sonoda [61]

or by increasing the blade’s surface roughness. The increased penalty in terms of
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Table 6.1: Comparison of experiments to computational and empirical predictions

Mach RANS URANS K&O K&O no CFM
Mass-Avg. Mixed-Out | Mass-Avg. Mixed-Out | Mixed-Out ~ Mixed-Out
%] (%] (%] (%] %] %]
0.30 —23.07 194.38 17.03 17.03
0.69 —47.56 —18.70 8.16 65.34 —15.73 —15.73
1.01 —24.97 —9.86 —31.28 —31.28
1.18 —27.22 —6.02 —23.82 —6.04 14.63 —19.54
1.31 1.92 22.91 216.26 28.74

boundary layer losses may be offset if a significant reduction in base pressure loss was
realized. Mee et al. [41] showed that at subsonic speeds, the boundary layer loss was
of the same magnitude as the base pressure and mixing losses.

It may be, that the shock-boundary layer interactions were one of the driving
factors behind the transonic loss plateau. Though the shock-induced boundary layer
separation was not as dominant and effect as observed by Graham and Kost [30], the
thickened boundary layer resulting from these interaction may have been the driver

for the reduced base pressure loss.

6.2 Empirical and Computational Predictions of Losses

In Chapter 5, it was shown that there was a notable disagreement between the com-
putational predictions of loss and the experimental results. The empirical Kacker
and Okapuu (K&O) [34] loss correlation also only showed fair agreement with the
measured mixed-out total pressure loss. These differences are quantified in Table 6.1.
Evidently, no technique was able to predict the loss within +10% across the mea-
sured Mach number range, though it would appear that the RANS prediction of the
mixed-out loss came closest. The following sections will examine the strengths and

weaknesses of the empirical and computational predictions.
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6.2.1 Empirical Predictions of Total Pressure Loss Coefficient

The K&O [34] total pressure loss correlation, discussed in Chapter 2 was compared
to the experimental and numerical data. The empirical data presented in Table 6.1
was calculated using the adjustments to the K&O method proposed by Zhu and
Sjolander [70]. Two different versions of the correlation were examined: one where a
compressible flow modifier (CFM), was added, and one with no correction.

Without the supersonic correction, the K&O correlation predicted the mixed-out
losses within 20% at Ma = 0.3. As the losses grew, the correlation failed to predict
the sharp rise in loss between Ma = 0.7 and Ma = 1.0 and the discrepancy between
correlations and experiments grew. The addition of the supersonic correction fac-
tor did not improve the agreement, the correlation still under-predicted the subsonic
losses and produced significant over-predictions of losses in supersonic flows. Addi-
tionally, neither implementation of the K&O correlations predicted the transonic loss
plateau observed both experimentally and computationally.

Overall, the K&O [34] correlation gave a rough order-of-magnitude estimate of the
losses. It predicted the mixed-out total pressure loss with a root-mean-squared error
of approximately 20%. The use of the supersonic correction factor was not found to
improve the accuracy of the correlation in transonic flow and lead to unacceptable

over-predictions in supersonic flow.

6.2.2 Empirical Predictions of Base Pressure Coefficient

Sieverding et al. ’s [58] base pressure correlation was discussed in Chapter 2. The
experimental results from Chapter 5 compared favourably to this correlation. How-
ever, below an outlet static-to-total pressure ratio of 0.8, corresponding to an exit
Mach number of 0.6, there was a consistent bias between the experiments and the
empirically predicted trend for @ = 8. Jouini et al. [33] achieved much better
agreement with the Sieverding correlation up to Ma = 1.0, after which they also
noted an appreciable bias. Jouini et al. [33] noted that there may be other geometric

parameters which strongly influenced the base pressure aside from the trailing edge
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wedge angle and suction surface curvature. Comparing that work and the present re-

sults to the Sieverding correlation indicated that the trailing edge diameter to throat

¢ e . . .
<. may be another important indicator of geometry.

opening ratio,

The present blades had a % ratio of 0.27, while the blading used by Jouini
et al. had a ratio of 0.08. The Sieverding correlation was made up of data from a
group of sixteen blade geometries. The % ratio of this family ranged between 0.04
and 0.19, with a mean of 0.11. Therefore, the better agreement of the data from

¢;e ratio was

Pte
(o]

Jouini et al. up to Ma = 1.0 may have been due to the fact that their

within the range of values used to make up the correlation. The present blade’s
¢te

ratio oberved in the correlation family of
Pte
o

ratio was 100% larger than the mean

blades and 16% larger than the maximum. The ratio of the current blade was

somewhat larger than that seen in other designs [33, 61], however it remains a realistic

value for future blade designs. The large % ratio for the present blade may have

been the reason why the present results diverged from the correlation past Ma = 0.6.
¢te

Sieverding et al. attempted to incorporate the #< ratio into their correlation, but
were unable to do so from the data-set they had available [58]. However, since this
correlation was produced in 1980, there have been many other published investigations
of base pressure data with corresponding blade geometries, e.g. [16, 33, 10, 7, 69, 19,

35, 43]. This additional data may allow a more robust correlation to be developed
¢te

o

in the future which would take into account the ratio, as well as other important

geometric parameters to allow a more accurate prediction of the base pressure.

6.2.3 Predictive Ability of Computational Methods

The computational predictions of the flow behaviour were more accurate than empiri-
cal correlations for both the base pressure and the mixed-out total pressure losses. The
computations were able to predict the intriguing transonic loss behaviour, discussed
in Section 6.1. Additionally, the agreement between experimental and computed base
pressures was much better than the agreement with Sieverding et al. ’s correlation.
However, there were also cases where the flow behaviour was not well predicted.

By far, the most obvious disagreements between the computational and experi-
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mental results were observed at exit Mach numbers which differed significantly from
the design conditions. The mixed-out losses showed a unanticipated growth in magni-
tude below Ma = 0.7, while the mass-averaged losses showed an unrealistic decrease
in loss past Ma = 1.5. These discrepancies could be better understood by examining

the normalized total pressure loss, defined in Equation 6.1.

POl—POQ
APo= ———= 6.1
© P01 ( )

Figure 6.2 shows that at Ma = 0.3 the mixed-out normalized total pressure loss
was over-predicted. The combination of this over prediction in normalized total pres-
sure loss and the lower dynamic pressure made the predicted values of Y; and (
unrealistically high below Ma = 0.7. One reason why the computations may have
over-predicted the mixed-out total pressure loss was that the computational model
was optimized for transonic flow. This may have influences its accuracy outside the
transonic range. Additionally, it was noted previously that the uncertainty in the
mass-averaged properties at low Mach numbers was much larger than at transonic
speeds.

The mass-averaged computational results showed not only an unexpected decrease
in total pressure loss past Ma = 1.5, but also consistently under-predicted the nor-
malized total pressure loss. For this reason, the mixed-out losses, though they had
difficulty producing accurate predictions of the loss in lower speed flow, were treated as
the most reliable computational prediction of the loss behaviour. Between Ma = 0.7
and Ma = 1.3, the root-mean-squared error in the prediction of Y; was 16%, better
than the agreement between the experiments and the empirical correlations.

A more detailed investigation of the results showed local regions of the flow which
did not agree well with experiments. One such region was downstream of the shock
impingement on the suction surface. The computational predictions of the local
Mach number in this region showed very poor agreement with experiments. This
was most likely due to the importance of transition on the behaviour of a separation
bubble. It was established in Chapter 2 that shock-boundary layer interactions can

differ significantly depending on the state, laminar or turbulent, of the boundary
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Figure 6.2: Comparison of experimental and computed normalized total pressure loss

layer. The RANS approach used in the present work treated the entire flow as being
turbulent, while actually, the local Reynolds number near the stagnation point was
quite low and thus laminar flow would exist over part of the blade’s surface until
transition to turbulence occurred. The k — w turbulence model attempted to adjust
for this effect empirically [27]. However, the phenomenon of transition is enormously
complex, especially in a blade passage which has with strong and varying pressure
gradients. The empirical adjustments to the turbulence model were not capable of
predicting how the boundary layer would behave at the point of shock impingement.
In reality, the strong favorable pressure gradient along in the blade passage may
have postponed transition sufficiently that the incident shock wave interacted with
a laminar boundary layer. For this reason, the computational models could not
accurately predict the behaviour within or after the separation bubble.

Another discrepancy was in the magnitude of the unsteady base pressure. The
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Ma = 0.70 URANS simulations significantly under-predicted the base pressure, while
the unsteady behaviour in the Ma = 1.16 URANS simulations had no effect on
the time-averaged base pressure. The subsonic shedding frequency was quite close
to the value measured experimentally by Carscallen [10] while there was a large
discrepancy at Ma = 1.16. Rowe et al. [53] noted that the Strouhal number was
strongly dependent on the trailing edge boundary layer thickness. Therefore, this
indicated that the boundary layer thicknesses at the trailing edge was well modeled
in the subsonic case, but not so at supersonic speeds. This was to be expected from
the poor prediction of the flow downstream of shock-boundary layer interactions.
However, this did not explain the poor agreement in base pressure at subsonic speeds.
The reasons for this discrepancy in base pressure may have lain in the modeling of
the mechanics of vortex formation and its influence on the base pressure. This could
be a result of the mesh density in the wake region, the size of the unsteady time step,
or another consequence of the turbulence model chosen.

The preceding discussions of errors in the predicted flow behaviour all noted that
the k£ — w turbulence model may have been one of the causes of the discrepancies.
However, despite its shortcomings, the k£ — w model was the most appropriate choice
for the type of flow being examined. Phenomena such as flow separation and vortex
shedding may require a much denser grid and a more complex treatment of turbulence,
such as Large Eddy Simulation, in order to be predicted in detail.

Aside from the errors in the predicted losses at Mach numbers much larger or
smaller than the design value, the computational results were able to predict the loss
behaviour much better than empirical correlations. The computations used commer-
cially available software, Fluent 6.3, and did not employ any user-defined functions or
arbitrary adjustments to turbulence model constants. This shows both the strengths
and weaknesses of this software. Though it was able to model the behaviour of the
losses with Mach number to a fair degree of accuracy, there were several local flow

phenomena which it could not predict.



Chapter 7

Conclusions and Recommendations

A combination of experimental and computational techniques were used to investigate
the flow through a linear cascade of first stage nozzle guide vane at speeds ranging
from low subsonic to supersonic. Detailed measurements of the midspan downstream
flow field, allowed the examination of losses with increasing Mach number and the
identification of flow features responsible for the behaviour of these losses.

The experimental facility was a suction-type open circuit wind tunnel. Despite a
flow bias at the inlet plane, the exit flow from the cascade had acceptable periodicity.
The mixed-out total pressure loss measured in two adjacent passages differed by
only 2.5%. Surface static pressure measurements quantified the flow over the blade
surface, while qualitative measurements were provided by oil-film and schlieren flow
visualization. The blade wakes were recorded using a pressure probe which was
traversed across one blade pitch. This probe was designed for use in transonic flows,
though it experienced difficulties recording flow properties close to Ma = 1.0.

The computational investigations were performed using Fluent 6.3. This solver
used a two dimensional, density-based coupled algorithm with an unstructured mesh
to predict the flow thorough the blade passage. Both steady and time-dependent
cases were investigated. The results showed overall agreement with the experiments.
The steady computational results predicted the mixed-out total pressure loss within
16%, for Mach numbers greater than 0.3.

Empirical correlations for the total pressure losses and base pressure had only
fair success in predicting the experimental values. Commonly used correlations could
only predict the losses within 25%. In addition to the coarse agreement with the
experimental data, the empirical results did not show the experimentally oberved
trends with increasing Mach number.

The overall behaviour of the blade losses showed an intriguing trend in perfor-

mance at transonic speeds. Between Mach 1.00 and 1.40, depending on the measure-
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ment and averaging method, a slight decrease or plateau was observed in the losses.
This transonic loss plateau was preceded and followed by large increases in losses with
a growing Mach number. This behaviour was most likely driven by the losses due to
shock-boundary layer interactions and the base pressure.

Oblique shocks, originating from the pressure side of an adjacent blade, impinged
on the suction surface. Some degree of shock-induced boundary layer separation
was observed experimentally at all supersonic Mach numbers. The separated shear
layer caused by these trailing edge shocks was seen to re-attach at all Mach numbers
examined experimentally and computationally. The steady growth in losses due to
trailing edge shocks and their interactions with the boundary layer appeared to be
offset with a decrease in base pressure loss at transonic speeds.

The base pressure losses increased past Ma = 0.6 and reached a maximum at
Ma = 0.9. Beyond this point, the base pressure losses continually decreased with
a growing exit Mach number. The rapid decrease in the the base pressure losses,
to levels observed at low subsonic speeds, may have been caused, in part, by the
thickening of the boundary layer at the trailing edge by incident shocks upstream.

There were two major findings from the present work. The first was that the
blading under investigation could operate with an exit Mach number greater than its
design value of 1.16 without experiencing any loss penalty. A higher exit Mach number
would result in more tangential momentum being transfered to the downstream rotor.
If the rotor were designed appropriately, this could result in an increase in stage
efficiency. The second finding was that this intriguing behaviour in losses could be
predicted computationally with an acceptable degree of accuracy using commercially

available software, without additional empirical corrections to the code.

7.1 Recommendations for Future Work

The analysis of the results from the present investigation highlighted three major
areas where improvements could have been made, in the test section design, the

probe design, and in computational methods.
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The boundary layer flaps on the north and south endwalls were found to be ineffec-
tive at adjusting the inlet flow. These should be re-designed to reduce the appreciable
inlet flow bias. The test section had blades with quite a large true chord length. This
allowed greater spatial resolution for pressure measurements within the wake and on
the blade surface, however it limited the number of blades within the cascade to six.
If the true chord of the blades was reduced, more blades could be used in the cascade
while maintaining the same maximum exit Mach number. Though this would have an
effect on the measurement resolution, it would help to reduce the 2.5% difference in
losses measured between passages. The only region where better measurement reso-
lution was required was within the separated flow region, downstream of the incident
trailing edge shock wave. Though this region moved downstream with increasing
Mach number, its location at the design conditions of Ma = 1.16 was established
experimentally and computationally. Therefore, additonal static taps in this region
will allow a better examination of the shock-boundary layer interactions at the design
Mach number.

The finger probe encountered many difficulties in determining accurate measure-
ments when the local Mach number was close to unity. In Section 3.5.4, it was rec-
ommended that the probe be re-manufactured to allow for a fifth static tap to help
correct for the errors introduced at these speeds. Additionally, the maximum calibra-
tion Mach number for the probe should be extended from Ma = 1.22 to Ma = 1.4
so that it can record flow properties more accurately at higher Mach numbers. This
could be accomplished by placing De Laval nozzles in the calibration tunnel to in-
crease its maximum Mach number, as was done by Povey et al. [48].

The computational methods could be improved by incorporating a transition
model in the computational code. Many of the errors in predicting the local flow
behaviour were attributed to the k —w turbulence model which which had no laminar-
to-turbulent transition capability. Alternatively, the RANS based approach to turbu-
lence modeling could be abandoned in favor of a more accurate yet computationally
intensive approach such as Large Eddy Simulation.

The empirical models used to predict total pressure and base pressure losses leave



131

much to be desired in terms of accuracy, especially at transonic speeds. The large
body of data on the losses from cascade measurements could warrant some of these
correlations being revisited, especially the Sieverding base pressure correlation. In
the case of the base pressure correlation, the trailing edge to throat-opening ratio
may be an additional important parameter.

Two additional topics for future research arose from the the present results. It
was proposed in Chapter 6 that the losses on subsonic blading may be reduced by
increasing the trailing edge boundary layer thickness to suppress vortex shedding.
This behaviour should be confirmed experimentally. Another interesting behaviour,
which stemmed from the oil-film visualization, was the observation of a vortex whose
axis of rotation was normal to the blade’s suction surface, at the point where the
separation bubble interacted with the sidewall boundary layer. The origins and effects

of this vortex are not known at present and should be investigated.
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Appendix A

Flow Quality in Transonic Calibration Tunnel

A.1 Calibration Tunnel Design

The finger type three-hole probe was calibrated in the NRC transonic calibration
tunnel. A schematic of the tunnel is shown in Figure A.1. The tunnel was a suction
type design with perforated sidewalls which allowed it to operate at a wide range of
transonic Mach numbers without the need for the test section geometry to be changed.
The same 2MW Brown-Boveri exhauster which serviced the transonic linear cascade
was connected to the calibration tunnel. This allowed the test section to reach a
maximum Mach number of 1.22.

The same instrumentation used on the transonic linear cascade was used in the
calibration tunnel to measure the inlet total temperature and pressure as well as
the probe pressures and endwall static pressures. The probe was rotated using and
angular traverse mechanism actuated by a computer controlled stepper motor. In
order to eliminate the accumulation of any position errors as the probe moved through
its calibration points, the angles were measured in pairs, first the positive angle then

its negative counterpart. The resulting uncertainty in angular position was found

i ; ;
i TL
Instrumented Perforated /

Plate Sidewalls

Figure A.1: Schematic of the NRC transonic probe calibration tunnel
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Stepper Motor

Angular
Traverse

Finger Probe

Figure A.2: Finger probe installed in traverse mechanism

to be negligible relative to other sources of error in the calibration procedure. The
angles were set in increments of 1° between +£12° for the pre-traverse calibration and
+10° for the post-traverse calibration.

The finger probe, installed in the angular traverse mechanism is shown in Fig-

ure A.2.

A.2  Flow Quality in the Calibration Tunnel

The quality of the data which any pneumatic probe could provide was sensitive to the
quality of the flow in which it was calibrated. The calibration procedure used with the
finger probe employed calibration coefficients to relate the measured pressures from
to probe to the known true calibration tunnel conditions. When the probe was placed
in a flow where the true flow properties were unknown, these calibration coefficients
allowed the true values to be determined from the measured pressures. Therefore, the
probe could only measure flow properties as accurately as the true tunnel conditions
were known.

The three flow properties which were measured were the total pressure, flow angle

and Mach number. The true total pressure of the flow was the ambient room pressure.
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This was measured with a precision barometric indicator. The flow angle was set with
the angular traverse mechanism. The third flow property, the Mach number, was the
property with the largest potential for uncertainty. The errors in Mach number were
of a much larger magnitude than those in total pressure or flow angle. Therefore, the
remaining focus will be to ascertaining the ability of the calibration tunnel to record
an accurate and constant indication of the Mach number in the test section and to

maintain the flow at this Mach number for the duration of the calibration.

A.2.1 Test Section Mach Number

In order to determine the test section Mach number, a characteristic static pressure
was compared to the inlet total pressure to calculate the true test section isentropic
Mach number. In order for the tunnel isentropic Mach number to be most indicative
of the mean test section flow, it was necessary that the static pressure be measured in
a region of homogeneous flow. This required some form of flow visualization within
the test section. Sieverding et al. [56] examined the flow in their test section using a
Schlieren system. Unfortunately the NRC transonic calibration tunnel lacked optical
access to the test section due to the need for perforated sidewalls. Therefore, in order
to obtain a coarse picture of the shock structure in the test section, an array of static
pressure taps was installed on the upper endwall of the tunnel. The layout of the
pressure ports relative to the probe is shown in Figure A.3. Each static pressure
reading was referenced to the inlet total pressure to create a local isentropic Mach
number. The local isentropic Mach number distributions are shown in Figure A.4.
It can be seen that a normal shock appeared at Mach one at the probe tip. As the
Mach number was increased, the shock impingement point moved downstream. The
position of this shock had a significant impact on the determination of the true tunnel
Mach number.

During the calibration tests, the reference static port for computing the tunnel
Mach number was located directly above the probe tip. This position is shown as Ref
A in Figure A.3. Figure A.4 showed that at transonic speeds, the static port was in

a shock affected area and thus it recorded a highly fluctuating and incorrect static
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Static Pressure Tap

Finger Probe (I IR BN I Y
.i@ / ° ./}Ito e0e0e o o o
Ref B. Ref A

Figure A.3: Layout of static pressure taps on calibration tunnel endwall

pressure. By switching to a reference static pressure tap further upstream, Ref B,
the magnitude of the fluctuations were decreased. This had an additional effect of
changing the computed value of the tunnel Mach number. The new reference static
pressure tap was chosen at the furthest upstream location in line with the probe tip,
shown as Ref B in Figure A.3. The true values of the tunnel Mach number were
much more closely spaced than was intended, however they covered a sufficient range
to produce an adequate calibration. All probe calibration data were presented using
the new reference static pressure to quantify the tunnel conditions. Table A.1 shows
the test section Mach numbers computed using the original and new reference static

pressures.

Table A.1: Test Section Mach Numbers Calculated with Different Reference Static
Pressures

| Ref A [ Ref B |
0.30 [0.30
0.51 | 0.51
0.72 | 0.69
1.07 | 0.89
116 | 1.01
118 | 1.07
119 | 1.14
122 | 1.19
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Figure A.4: Static pressure distribution on calibration tunnel endwalls
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A.2.1.1 Mach Number Consistency Over Time

During the calibration tests, there was a small oscillation in the measured test section
Mach number over time. It was important to quantify the magnitude of this oscillation
to quantify the error in the true tunnel Mach number.

The instantaneous Mach number was computed for each sample which made up
the average tunnel Mach number for a given calibration point. The difference between
the instantaneous Mach number and the mean Mach number at that calibration
point was normalized by that mean Mach number and was plotted in Figure A.5.
It could be seen that there were greater fluctuations at the supersonic calibration
Mach numbers. However, in all cases the fluctuations in this normalized residual
remained within £1%. This was an acceptable degree of error for the calibration
Mach number, however it should be noted that due to moving the reference static
tap, two calibration Mach numbers were, in fact, within 1% of each other. These two
calibration points, Mach 1.18 and 1.19 could not be treated as distinct. Therefore
the Mach 1.19 calibration data was not used as this Mach number showed greater

scattering over time than the Mach 1.18 data.

A.2.2  Angle History

One common challenge in transonic testing is that small changes in the blockage of
a passage can have large effects on the flow. There was a possibility that as the
probe moved through its range of motion, the varying blockage would change the test
section Mach number. To examine the magnitude of this effect, the time-averaged
tunnel Mach number was computed for every Mach number and angle combination
and the results are shown in Figure A.6. In this figure, the residual was computed
using Equation A.1.

Ma (Ma,a) — Z MCI,(Mmai)
1 Zna MG, (Ma,a;)

(A1)

It can be seen that in the pre-traverse calibration calibration, the extreme angles

investigated did have an effect on the tunnel Mach number, especially in the high
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transonic range. This effect was not nearly as pronounced in the post-traverse cali-
bration data. However, in both cases the majority of the data was within +0.005%
of a Mach number, showing that the changes in angle did not seriously affect the test

section Mach number.
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Figure A.6: Effect of probe angle on tunnel Mach number
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Appendix B

Probe Accuracy

In order to examine how effective the calibrated probe was at measuring flow proper-
ties, it was tested in two ways. First, the original calibration data were reduced using
the algorithm presented in Section 3.6.2 and the results were compared to the known
tunnel conditions. The results from this test are shown in Figure B.1. The second,
more rigorous, test was to take data measured at Mach numbers and flow angles not
used for calibration, and to examine how the probe results compared to the known
tunnel conditions. This was shown in Figure B.2. Unfortunately, validation data were
only available for the pre-calibration.

The post-traverse data were seen to have a much greater ability to extract the true
tunnel conditions from the measured probe pressures. However, only the data used to
create the calibration tables were used to validate the post-traverse results. The pre-
traverse calibration was performed at more Mach numbers than were used to create
the calibration tables, and these data were included in Figure B.1 to test the predictive
ability of the pre-traverse calibration. It can be seen that in transonic range the
pre-traverse calibration had significant errors in predicting the Mach number, as was
expected from the way that the static pressure anomaly was dealt with. Additionally,
the pre-traverse calibration was validated with data taken from angles and Mach
numbers not used in the calibration tables. Figure B.2 corroborates the fact that the

probe had difficulty measuring in the transonic range.
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Appendix C

Uncertainty Calculations

C.1 Uncertainty in Measurements

Errors in total pressure and flow angle were found to be normally distributed. There-
fore, the 95% confidence interval was determined form the data shown in Figure B.1.
The errors in mach number were not normally distirbuted, so the worst case error
idenified in Section 3.5.4 was used. The uncertanty in measurements of the total pres-
sure and temeperature were considered negligabe as they were made with recently
calibrated insturments which were seccondary standards. The 95% confidence inter-
val on the basic quantites from which more abstract values were derrived are shown
in Table C.1. Using the method of partial differentials, the uncertainty in most of the

measured quantities could be made.

Table C.1: 95% confidence intervals on measured quantities

] Property \ 95% Confidence Interval ‘

Po, +6 kPa

« +0.7° (0.012rad)
Ma +0.6

Po; +0.0kPa

Toq +0.0K

The uncertainty in the static pressure was determined from the uncertainty in the

total pressure and Mach number using Equation C.1.

8P82 2 8P52 2
o= (200, O e C.1
Hpsy \/(81302/“3 ) +(8MaMM (G1)
where:
0P52 v — 1 9 ('vi—vl)
=1+ ——M
8P02 ( + 2 “
—(+1D
(9P82

T+ 2\ 77!
=—yPoyMa|l+—M
M Y £209 a( + 7 a)
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C.2  Uncertainty in Mass Averaged Quantities

To begin to define the uncertainty in the mass averaged quantities, the uncertainty
in the differential mass flow at each measurement point, A, had to be computed.

The formula for Am is given in Equation 3.11.

| 0Am 2+ OA 2+ OAT ? ©2)
HAam = 9Po HPo Do Ha OMa HMa .
where:

O0AMm B A_m
dOPo  Po
O0A 2 Am
OTo  To
O0A )

= cota A

oo

. 14+~ 1+ ) 2
dA P ~1 22y 049 py
m_ ° %Sina (1 + VTMcﬂ) (1 2_@)

OMa  \/To 14 %M a?

The integral of the differential mass-flow across the pitch was calculated using the
trapezoid rule as shown in Equation C.3. The uncertainty in in the overall mass flow is
shown by Equation C.4. This equation weighted the uncertainty for each differential
mass flow by the area which is represented. The root of the sum of the squares of

these weighted uncertainties was the overall uncertainty in the mass flow

. "1, ,
m = Z i(Am(i) + Am(i_l))(x(i_l) — m(i)) (C.3)
=2

[l = En: ((%(umw)(%—n - !L“(i)))Q + (%(Mmh(in)(x(i—l) = x(z’)))2> (C.4)

i=2

The mass-averaged value of any property, v, cold be calculated with Equation C.5.
The same principle used to evaluate the uncertainty in the mass flow was applied
to the mass-averaged quantities, as shown in Equation C.6 . The algorithm for
calculating the mixed-out properties was to complex to apply the partial differential

method of error propagation.

" L (b dingy + o1y dig_n) (a1 — T@)

g\ V(@) M) T Y1) AMYi-1) (T(i-1) — T(i)
ma — . = (I)z C.h
2 ; - ; o  (CH)
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i A Hamg C7
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where:

0Dy (P Ay + Y1) A1) (1) — 1)

om m?
0% _ 5(Arg) (-1 — 7))
31#@) m

020 _ 5(¥e)(@i-1) — 76)
aA’ﬁ”L(i) m
0%y 3(Arii—n) (-1 — 7))
M1y m

00w _ 3(en) @i —2w)
8A7h(i_1) m

Once the uncertainty in the mass-averaged values of Poy and Ps, were known,
the uncertainty in the mass-averaged total pressure loss coefficient, defined in Equa-

tion 2.3, could be found.
oYt ooyt ?
- — P — s C.8
HY trna \/( 9Po, MP2> +<8P32 pp 2) (C.8)

8tha . (POI - PSQ)
OPoy — (Poy — Psy)?
8tha . —(POl — POQ)

OPsy (Pos — Pss)?

where:

C.3 Uncertainty in Local Mach Number

The uncertainty in the value of local Mach number measured on the blades was

calculated using Equation C.9. The total and static pressures used in Equation C.9
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were measured directly by the HyScan pressure scanner rather than indirectly through
the the calibrated finger probe. Therefore, the uncertainty in the static pressure
measurements was 0.05% of the HyScan unit’s range of +103.42 kPa (15 psi), which
was 51 Pa. As stated prevously, the uncertatny in the total pressure was considered
as negligable. Using Equation C.9, the uncerantly in the largest measured surface
Mach number of 2 was +0.002, which was smaller than the symbols used to represent
the local Mach number. For this reason there were no error bars placed on plots of

local Mach number.

where:
oMa 1 (R)7
0Po <%<&;)%1_1>§
oMa __ SF ()7
OPs (%(P_?)%l_lf

C.4 Uncertainty in Axial Velocity-Density Ratio

The uncertainty in the inlet and outlet mass flows could be found using Equation C.4.
This information allowed the uncertainty in the axial velocity-density ratio to be

computed using Equation C.10.

[LAVDR = \/(milum)2 + (%ﬂm)Z (C.10)
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Supplemental Figures

D.1 Traverses

153



Exit Flow Angle, [deg] Normalized Total Pressure, [-]

Local Mach Number, [-]

0.92

- %% I

0.84

0.80

= — RANS Ma=1.00
%]DB\J O expNov Ma=1.01

0.00 0.10 0.20

81.0

0.30

0.50 0.60 0.70 0.80 0.90

040 ) ) 1.00
Normalized Pitch-wise Distance, [-]

(a) Total pressure

80.0

79.0

78.0

77.0

76.0 L

75.0 L

=
TIood

=)
O

74.0

73.0

0.0 0.1

0.2 0.

3 0.4 05 06
Normalized Pitch-wise Distance, [-]

(b) Flow angle

0.7 0.8 0.9 1.0

0.95 JDWDD[
- D@%
090}

tH
O

I |
O
ﬂ%]D D&DDD

0.75

0.00 0.10 0.20

0.30

0.40 0.50 0.70 0.90 1.00

0.60
Normalized Pitch-wise Distance, [-]
(¢) Mach number

Figure D.1: Experimental and computed wake flowfield for Ma = 1.0
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D.2 Blade Loadings
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D.3 Computed Passage Flow Visualization
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Figure D.7: Computed steady passage flow field at Ma = 0.3
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Figure D.8: Computed steady passage flow field at Ma = 0.5
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Figure D.9: Computed steady passage flow field at Ma = 0.9
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Figure D.10: Computed steady passage flow field at Ma = 1.00
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Figure D.11: Computed steady passage flow field at Ma = 1.31
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Figure D.12: Computed steady passage flow field at Ma
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Figure D.13: Computed steady passage flow field at Ma



168

juslpess AIsuaQ jo uogelnws az
speasen Jeau|] sjuosuel] HHN

$ 0000000°0=2WIL MO|4
0000 =dajsg auwn)

e ay pJoyo snu |
091" J3qWNN Y& W 31X 3

1.6

Figure D.14: Computed steady passage flow field at Ma
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Figure D.15: Computed steady passage flow field at Ma
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Appendix E

MatLab Data Reduction Code

E.1 Mixed out Profile Loss

function [M.m,Yt,alpha m]=mixedOutLoss (x.nd,Po,Po_c,Ps_c,alpha_c,useAlpha)

$CONSTANTS
pitch=147.8; % [mm]
gamma=1.4;

Po_i=mean (Po) ;

%$Decides if the measured values of alpha should be used. if not selected
%a nominal value of 14 deg (the blade metal angle) is substituted
if useAlpha>0
alpha_k=alpha_c+14;
else
alpha_k=1l4xones (length(Po.c),1);
end

$Caluclates the differnetial dimensionless flow properties
theta_e=sqrt (2/ (gamma—1) * ( (gamma+1) /2) " ( (gamma+1) / (gamma—1)))
...(Ps.c./Po_c).” (1/gamma) .*sqrt (1—(Ps_c./Po_c) .  ((gamma—1) /gamma) ) ;
g=Po_c.*gamma/ (gamma—1) .* (Ps_c./Po_c) ." (1/gamma) . *
.(1—(Ps_c./Po_c).” ((gamma—1) /gamma) ) ;

$Calcualtes the differentials
int_m=(Po_c./Po_i) .xtheta_e.*sind (alpha_k);
int_A=(Po.c./Po_i) .x(2%qg./Po_c.* (sind(alpha_k)). 2+Ps_c./Po_c);
int_C=(Po.c./Po_i).*x2.xg./Po_c.*sind(alpha_k).+cosd(alpha_k);

$Integrates using the trapezoid rule
Im=trapz (x.nd, int_m);

IA=trapz (x-nd, int_A);

IC=trapz (x-nd,int_C);

Imb=Im;

$Calcualtes the 'critical mach number'

Mhi= ((gamma+1l)/2) " (2/(gamma—1))* (IA/Imb) "2 (0.5—(2/ (gamma+l)) "
... (2/ (gamma—1))* (Imb/IA) "2+ (gamma+1) / (2xgamma) » (IC/IA) "2+
..sqrt (0.25—(2/ (gamma+1)) " (2/ (gamma—1) ) = (Imb/IA) "2+ (gamma~2—1) /
... (4dxgamma”2) x (IC/IA) "2));

Mlow= ( (gamma+1) /2) " (2/ (gamma—1) ) * (IA/Imb) "2* (0.5—(2/ (gamma+1) ) "
... (2/ (gamma—1)) % (Imb/IA) "2+ (gamma+1) / (2« gamma) * (IC/IA) "2—
..sgrt (0.25—(2/ (gamma+1)) " (2/ (gamma—1) ) * (Imb/IA) "2+ (gamma”~2—1) /
... (4dxgamma”2) x (IC/IA) "2));
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Mhi=sqgrt (Mhi) ;
Mlow=sqgrt (Mlow) ;

$In most cases the lower mach number is more physically meaningfull,
$however in some cases the high mach number may need to be used. refer
$to Ameke and Safarik

M_m=Mlow;

%$Calcualtes the mixed out properties
M_true_m=M_m=*sqrt (2/ ( (gamma+1)— (gamma—1) *M_m"2) ) ;
alpha_m=acosd (1l/ (gamma*M_m) * ( (gamma+1) /2) " (gamma/ (gamma—1) )« (IC/Imb) ) ;
phi=(1— (gamma—1) / (gamma+1) *M_m~2) " (1/ (gamma—1) ) * (1— (gamma—1) / (gamma+1)
.+M.m"2)
theta_m=(1— (gamma—1) / (gamma+1) *M_m~2) " (1/ (gamma—1) ) » ( (gamma+1) /2)
... (1/(gamma—1) ) *M_m;
$zeta is the loss term used by Ameke and Safarik, however Yt is more
%$often used in liturature. Stephen Andrews derrived the conversion
%$equation (phi=Po_m/Ps_m)
zeta=l—abs (Imb) / (theta.m*sind (alpha.m));

’

$Definition 1

Yt=(zeta)/ ((l—zeta)* (1—phi));

$Definition 2

$Yt=(zeta)/(1l— (l—zeta) *phi);

E.2 Mass Averaged Loss

function [M.ma, Yt_ma, alpha_-ma]=massAveragedLoss (x,Po,To,Po_c,Ps_c,Ma_c

.,alpha_c,useAlpha)

$CONSTANTS
gamma=1.4;
R=287;
%$Decides if the measured values of alpha should be used. if not selected
%a nominal value of 14 deg (the blade metal angle) is substituted
if useAlpha>0

alpha_k=alpha_c+14;
else

alpha_k=14;
end

$The differential mass flow
d_.m_dot=Po_c./sqgrt (To) . *sqrt (gamma/R) . *Ma_c.+sind (alpha_k) .*
... (140.5% (gamma—1) *Ma_c."2) .” ((1+gamma) / (2—2+gamma) ) ;

$Total mass flow

m_dot=trapz (x,d-m_dot);
$Mass averaged flow properties

M_ma=trapz (x,Ma_c.*d_m_dot) /m_dot;

Po_ma=trapz (x(:,1),d.m_dot.*Po_c)/m_dot;

Ps_ma=trapz (x(:,1),d-m_dot.xPs_c)/m_dot;
alpha_ma=trapz(x(:,1),d.m_dot.+alpha_k)/m_dot;
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Definition 1

Yt_ma= (mean (Po)—Po._ma)/ (Po_ma—Ps_ma) ;
Definition 2

Yt_ma= (mean (Po)—Po_ma) / (mean (Po)—Ps_ma) ;

nd

E.3 Finger Probe Analysis

o

o\

o0 o0 o o o O O O A A A A A AN AN AN N N N N N O A A A AN A N N O O O A O ° o oP

9990000000

::Use::

1)

o

o

::Finger Probe Data Reduction::
verison 1.0 (24—Sept—2008)
Programmed by: Stephen Andrews

Calcualtes the follwing flow variables given the measured values of
PU,P.c,PD,P_st,To and gamma (see Nomenclature below)

*Total Pressure (Po)

*Static Pressure (Ps)

*Magnitude of Flow Velocity (U)

«*Flow Direction (alpha)

*Local Mach Number (Ma)

::Algorythim::

Reads the file coeffs.mat which is a table of 7 different pressure
correlations sorted so rows show ascending Mach numbers, columns
ascending probe angles and frames show each presure corelation
(see Note below)

The program first determines the corect flow angle and Mach
number by guessing a flow angle of zero and calculating the
Mach number. Using this first guess at a Mach number, the
program then re—calculates the flow angle and using this new
flow angle again calculaes the Mach number. The program
examines the difference between the two guesses of Mach number
and once the error is less than some global tolerance, the
program takes that Ma/alpha combination as being the best
approximation to the true Ma/alpha locust

Knowing the flow angle and mach number, the program can then
calucalte the pressure correlation K23 which

yeilds the dynamic pressure (g=(Po—Ps))

Knowing the flow angle angle and mach number, the program can
then calculate the coefficent K1 and find the true statuc
pressure (Ps)

Knowing the static pressure and g, the total pressure (Po) can
be calculated

Assuming adiabatic flow in the cascade, the local flow velocity
can be calulated by the total—-to—static—pressure ratio

::Major Assumptions::
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1) Linear behaviour of pressure coefficents between calib
points
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ration

2) Calibration encompases entire range of mach nubers and angles

4) Flow 1s adiabatic (i.e. local To=Tatm)

::Note::

FORMATTING OF THE COEFF.MAT FILE
coeffMtx (1, :, :)=[NAN, alpha(:)]
'alpha' is a list of calibration angles in ascending o
coeffMtx(:,1, :)=[NAN;Ma (:) ]

rder.

'Ma' is a list of tunnel mach numbers in ascending order.

coeffMtx (2:end, 2:end, 1)
Kl=(P_c—Ps)/ (Po—Ps)
coeffMtx (2:end, 2:end, 2)
K12=(P_c—P_U)/ (Po—Ps);
coeffMtx (2:end, 2:end, 3)
K13=(P_c—P_D)/ (Po—Ps) ;
(
(

coeffMtx (2:end, 2:end, 4)
K23=(P_U—-P_D)/ (Po—Ps) ;
coeffMtx (2:end, 2:end, 5)
K_phi_2=K12/K13;
coeffMtx (2:end, 2:end, 6)
K.phi_3=1/K_phi_2;
coeffMtx (2:end, 2:end, 7)
Km=P_st/P_c

::Nomenclature::

Po=True total pressure

Ps=True static pressure

P_c=Measured total pressure

P_U=Measured upper pressure

P_D=Measured lower pressure

P_st—Measured static pressure

Ma_meas=Mach number corresponding to stinnger static, to p
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)]

::Initialising of program controll
$Defines constants
R= 287; %$[J/kgK] ONLY TRUE IF PURE AIR IS WORKING FLUID

%$reads file created by Finger_Probe_v100.m

%$curent directiory must contain folder called 'cal' which has a
$coeff.mat file containing the output created by this procedure
coeffMtx=ones (6,12,7);

load 'cal/coeff.mat'

%$Sets the tolerances for the interation on Ma/alpha
tol=0.01;

robe
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%$Guesses the difference (could be elimainated with a do..while loop)
diff=1;

%$Guesses the first angle, by default is zero

alpha_guess=0;

%Calulates K values
Kthetal=(P_.c—P_U)/ (P_c—P_D);
Ktheta2=1/Kthetal;
Km=P_st/P_c;

$Iterates the guessed flow angle and Mach until solution converges
$within tolerance
iter=0;
while (diff>tol)
Ma_guess=findMach (alpha_guess,Km, coeffMtx);
alpha_guess=findAlpha (Ma_guess,Kthetal,Ktheta2, coeffMtx);
diff=Ma_guess—findMach (alpha_guess, Km, coeffMtx);
iter=iter+1;
end

Ma=Ma_guess;
alpha=alpha_guess;

%$Uses Ma and alpha to compute flow variables

K23=findK (alpha,Ma, 4, coeffMtx) ;

g=(P_.U-P_D) /K23 ;

Kl=findK (alpha,Ma, 1, coeffMtx);

Ps=P_c—Klx*g;

Po=g+Ps;

a=sqrt (gamma*R+*Tox (Ps/Po) " (=1 (gamma—1) /gamma) ) ;
Ma=sqrt ( (2/ (gamma—1)) * ( (Po/Ps) " ( (gamma—1) /gamma) —1)) ;

U=Maxa;
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3 LOCAL FUNCTIONS
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::findMach::

"returns a mach number given a Km value and angle"
sxLinearly interpolates between adjacent calibration points to get Ma
$xwill deal with being at the final calibration angle

$xwill extrapolate outside the bounds of calibration without warning

O o o

function [M]=findMach (alpha, Km,coeffMtx)

alphaHiIdx=find (coeffMtx(1l,2:end,1l)>alpha,l, "'first')+1;
%$Note the '+1' was necissary as search was from 2:end

if isempty(alphaHiIdx)
%$If alpha is outside the bounds of the calibration range, then
%$alpha index is set to the extreem to which alpha is closest
if alpha>0

alphaHiIdx=length (coeffMtx(1l,:,1));
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else
alphaHiIdx=3;
end
elseif alphaHiIdx==
$If alpha is the first flow angle, alphaHiIdx is incremented so that
%alphaHiIdx—1 will exist
alphaHiIdx=3;
end
alphalowIdx=alphaHiIdx—1;
AHi=coeffMtx (1l,alphaHildx, 1) ;
ALow=coeffMtx (1,alphalowlIdx,1);

%$Reduces problem to a zero search
searchMtx=[coeffMtx (1, :,1); [coeffMtx(2:end,1,1),
. (coeffMtx (2:end,2:end,7)—Km) ]];

$finds the non—integer index of the zero solution along a line of
$constant flow angle, (flow angle coresponds to the angle below the
%$desired alpha)
holdIdx=findInVect (searchMtx (2:end, alphalowIdx) ') +1;

$finds the values of ther mach numbers that border the mach number
$corresponding to the holdIdx

MLow=searchMtx (floor (holdIdx),1);
MHigh=searchMtx (ceil (holdIdx),1);

$calualates the Mach number coresponding to the holdIdx at the low
$mach number. Deals with the case where holdIdx is an integer
if (MHigh==MLow)

MaALow=MHigh;
else

MaALow=MLow+ (holdIdx—floor (holdIdx) ) * (MHigh—MLow) /

. (ceil (holdIdx)—floor (holdIdx));

end

%Repeats the previous steps for the flow angle greater than the desired
%alpha
holdIdx=findInVect (searchMtx (2:end,alphaHildx) ') +1;
MLow=searchMtx (floor (holdIdx),1);
MHigh=searchMtx (ceil (holdIdx),1);
if (MHigh==MLow)

MaAHi=MHigh;
else

MaAHi=MLow+ (holdIdx—floor (holdIdx) ) * (MHigh—MLow) /

. (ceil (holdIdx)—floor (holdIdx));

end

$interpolates to find the mach number at the desired alpha
M=MaALow+ (alpha—ALow) * (MaAHi—MaALow) / (ARHi—ALow) ;
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::findAlpha::

"returns a flow angle given a Mach Number and both Ktheta"

x*Searches for the angle corresponding to the smaller Ktheta value
(smaller the Ktheta the smaller the error)

x*Linearly interpolates between adjacent calibration angles and mach
numbers to get alpha
$xwill deal with being at the final calibration Mach Number and angle
$xalgorythim very similar to findMach

o° o° o° o° o° o

©

function [A]=findAlpha (Ma,Kthetal,Ktheta2, coeffMtx)
%Choses the correct Ktheta
if (Kthetal>Ktheta2)
Ktheta=Ktheta2;
KIdx=6;
else
Ktheta=Kthetal;
KIdx=5;
end

%$Subtracts the target from the values to change problem to a zero
%search
searchMtx=[coeffMtx (1, :,1); [coeffMtx(2:end,1,1),

. (coeffMtx (2:end, 2:end, KIdx)—Ktheta) 1];

%$Finds the Mach numbers bounding the desired mach number
MaHiIdx=find (coeffMtx (2:end,1,1)>Ma,1, "first')+1;
if isempty (MaHiIdx)
if Ma>1
MaHiIdx=length (coeffMtx (:,1,1));
else
MaHiIdx=3;
end
elseif MaHilIdx==
MaHiIdx=3;
end
MaHi=searchMtx (MaHiIdx, 1) ;
MaLowIdx=MaHiIdx—1;
MaLow=searchMtx (MaLowIdx, 1) ;

%$finds the non—integer index of the zero solution along a line of
%$constant mach number
holdIdx=findInVect (searchMtx (MaLowIdx,2:end))+1;
ALow=searchMtx (1, floor (holdIdx)) ;
AHigh=searchMtx (1, ceil (holdIdx));

%calualates the angle coresponding to the measured Ktheta at the low
%$mach number
if (AHigh==ALow)
AMaLow=AHigh;
else
AMaLow=ALow+ (holdIdx—floor (holdIdx) )  (AHigh—ALow) /

. (ceil (holdIdx)—floor (holdIdx));

end
$repeats last two steps for the high mach number
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end) ) +1;

findInVect (searchMtx (MaHiIdx, 2

searchMtx (1, floor (holdIdx))

holdIdx
ALow

259

7

260

7

searchMtx (1, ceil (holdIdx))

if (AHigh

AHigh

261

==ALow)

262

=AHigh;

AMaHi

263

else

264

ALow+ (holdIdx—floor (holdIdx) ) * (AHigh—ALow) /

AMaHi

265

’

... (ceil (holdIdx)—floor (holdIdx))

266

end

267

%interpolates to find angle at true mach number

268

4

AMaLow+ (Ma—MalLow) * (AMaHi—AMaLow) / (MaHi—MaLow)

A=

269

end

270
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findK
"returns a generic K value given the alpha and Ma"

*KIdx is the frame of coeffs you are searching in

% (see Note in headder for 1list)
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findK (alpha,Ma,KIdx, coeffMtx)

[K]=

function

279

end, 1)) ;

end, KIdx) ',Ma, alpha)

end,1,1),coeffMtx(1,2:

end, 2

[xx,yy]l=meshgrid(coeffMtx (2

280

7

interp2 (xx,yy,coeffMtx (2:

K=

281

end
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findInVect
"finds the non integer index of an array whose value is zero"

*vect 1s a row vector
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$xvectFun converts the discrete vector into a continuous function
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